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FOREWORD 


The  first  three  versions  of  the  aeroprediction  code  (APC),  the  AP72,  AP74,  and  AP77, 
were  all  developed  to  meet  guided  and  unguided  projectile  requirements  in  the  seventies.  The 
next  four  versions  of  the  APC,  the  AP81,  AP93,  AP95,  and  AP98,  were  developed  to  meet 
tactical  missile  requirements.  Missiles  tend  to  fly  faster,  fly  at  higher  altitudes,  and  at  times,  at 
higher  angles  of  attack  as  compared  to  projectiles.  During  the  nineties,  several  emerging 
projectile  needs  arose  that  the  AP98  could  not  handle.  To  address  these  additional  needs,  various 
capabilities  were  incorporated  into  the  AP98.  The  new  capabilities  included  multi-fin  capability, 
improved  rocket  motor-on  and  base-bleed  capability,  improved  pitch-damping  capability, 
capability  for  trailing-edge  flaps,  and  improvements  in  axial  force  prediction  for 
nonaxisymmetric  bodies.  In  addition,  the  ability  to  generate  range  in  a  timely  and  cost  effective 
manner  was  a  need  which  was  not  available  in  AP98.  This  capability  was  achieved  by 
combining  the  APC  with  trajectory  models.  As  a  result  of  the  above  set  of  needs  and 
requirements,  the  AP02  was  developed.  Thus,  the  AP02  is  the  first  version  of  the  APC  in  25 
years  that  places  projectile  requirements  at  the  forefront  of  needs.  This  report  summarizes  the 
new  technology  that  has  been  developed  over  the  past  four  years  that  will  be  a  part  of  the  AP02. 
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1.0  INTRODUCTION 


The  aeroprediction  code  (APC)  has  been  developed  over  a  30-year  period  beginning  in 
1971.  The  objective  of  the  APC  development  over  this  30-year  period  has  stayed  the  same-to 
predict  aerodynamics  cost  effectively  and  with  reasonable  accuracy  over  the  flight  envelope  and 
configuration  geometries  of  interest  to  weapons  designers.  While  the  objective  of  the  APC  has 
stayed  the  same,  the  application  uses,  flight  requirements,  and  configuration  geometries  have 
evolved  over  that  time  fi'ame.  The  initial  application  was  primarily  accurate  range  of  various 
imguided  projectile  design  concepts  at  low  angles  of  attack  (AOA)  and  for  Mach  numbers  less 
than  2.5.  Now  the  application  includes  trim  aerodynamics  of  guided  weapons,  aerodynamic 
design  of  guided  weapons,  structural  loads  and  aerodynamic  heating.  Mach  numbers  as  high  as 
15  have  bear  encountered,  AOA  as  high  as  90  deg,  and  body  geometries  axisymmetric  or 
nonaxisymmetric  have  been  considered  in  the  design  process.  Figure  1  summarizes  the  current 
objective,  application,  and  flight  requirements  of  the  APC  effort. 


OBJECTIVE 

PREDICT  AERODYNAMICS  COST  EFFECTIVELY  AND  WITH  REASONABLE  ACCURACY 
OVER  FLIGHT  ENVELOPE  OF  INTEREST  TO  WEAPONS  DESIGNERS 

APPLICATION  REOUIREMENT  OF  APC 

•  INPUTS  TO  3-DOF/TRIM  PERFORMANCE  MODELS 

•  AERODYNAMIC  DESIGN  (PRELIMINARY) 

•  PRELIMINARY  STRUCTURAL  LOADINGS 

•  CONVECTIVE  HEAT  TRANSFER  INPUTS 

OVERALL  FLIGHT  REQUIREMENTS 

MACH  NUMBER: 

0-15 

ANGLE-OF-ATTACK: 

0-90° 

CONTROL  DEFLECTION: 

±30° 

ROLL  ORIENTATION: 

0°,45° 

SETS  OF  FINS: 

0, 1, 2  REQUIRED;  3  DESIRED 

BODY  GEOMETRY: 

AXISYMMETRIC  REQUIRED; 
NONAXISYMMETRIC  TREATMENT 

DESIRED 

HGURE  1.  OBJECTIVE  AND  REQUIREMENTS  OF  APC 
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Since  the  2002  version  (AP02)  of  the  APC  may  be  the  last  under  Office  of  Naval 
Research  sponsorship,  a  more  extensive  introduction  will  be  given.  This  introduction  will  cover 
not  only  the  rationale  of  the  new  technology  that  has  been  integrated  into  the  1998  version 
(AP98)  of  the  APC  to  form  the  basis  of  the  AP02,  but  will  also  go  back  and  give  a  historical 
perspective  on  why  the  APC  was  started  in  1971.  In  addition,  a  discussion  of  the  new 
technology  and  products  developed  during  the  30  plus  years  of  development  of  the  APC,  which 
allowed  the  code  to  stay  current  with  the  operational  and  technical  needs  of  the  aerodynamics 
community,  will  be  given. 


1 . 1  HISTORICAL  PERSPECTIVE  OF  AEROPREDICTION  EFFORT 

The  aeroprediction  effort  was  started  in  1971  by  the  first  author  as  a  result  of  being  asked 
by  many  engineers  to  provide  aerodynamics  for  weapon  concepts.  The  focus  of  these  requests 
was  for  zero  lift  drag  first  and  foremost  and  secondly  for  low  AOA  lift  characteristics  (normal 
force,  center  of  pressure,  and  pitching  moments).  The  first  efforts  to  provide  this  information 
was  based  on  empirical  estimates  using  wind  tunnel  data  reports,  handbooks,  and  hand 
calculations  using  approximate  methods.  Pitts,  et  al*  proved  quite  useful  for  the  hand  calculation 
of  lift  properties  but  was  of  no  value  in  the  more  difficult  to  obtain  zero-lift  drag.  In  researching 
the  literature,  there  were  no  reasonably  accurate  and  computationally  fast  computer  programs 
that  could  calculate  total  forces  and  moments  for  the  configurations  and  flight  regimes  of  interest 
at  the  time.  The  aircraft  Datcom^  could  be  used  to  provide  hand  calculations  using  the  various 
methods  included,  but  its  accuracy  was  questionable,  particularly  for  the  body.  Body 
aerodynamics  are  quite  significant  for  weapons,  as  opposed  to  aircraft  where  the  wing 
dominates.  The  GE  “Spiimer”  code^  was  also  available  in  the  early  70’s,  but  it  was  an  all 
empirical  code  for  spin  stabilized  projectiles.  It  was  based  on  nose  length,  boattail  length,  and 
overall  length.  Hence,  its  use  as  a  design  tool  was  somewhat  limited  because  it  would  give  the 
same  zero  lift  drag  for  a  nose  of  given  length,  regardless  of  shape.  Saffell,  et  al'*  had  developed  a 
missile-oriented  high  AOA  code.  However,  the  drag  was  computed  by  handbook  techniques  and 
slender  body  theory  was  used  for  lift  and  pitching  moment.  As  a  result,  limited  accuracy  of  the 
Reference  4  code  could  be  expected. 

The  major  reason  that  there  were  no  fast,  yet  reasonably  accurate  codes  available  for 
body  alone  or  wing-body  aerodynamics  was  that  there  were  no  reasonably  accurate  approximate 
methods  available  to  compute  wave  drag  on  bltmt  or  truncated  nose  shapes  at  low  to  moderate 
supersonic  Mach  numbers.  This  low  supersonic  Mach  number  range  is  where  unguided 
projectiles  spent  about  90  percent  of  their  flight  time;  thus,  accurate  axial  force  was  required  to 
get  accurate  range.  Therefore,  the  first  author  combined  the  Hybrid  Theory  of  Van  Dyke  with 
Modified  Newtonian  Theory^’^  to  obtain  accurate  wave  drag  of  typical  projectiles.  This  new 
combined  theory  formed  the  basis  of  the  first  version  of  the  APC  published  in  1972^  and  is 
referred  to  here  as  the  AP72.  The  AP72  met  an  existing  need  at  the  time,  as  it  gave  quite 
accurate  drag  calculations  of  projectiles  while  only  requiring  one  minute  per  case  on  a 
mainframe  computer.  The  same  information  can  be  obtained  today  in  less  than  a  second  using  a 
personal  computer. 
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Requests  for  copies  of  the  AP72  code  began  coming  in  to  Dahlgren  from  outside  agencies 
as  well  as  requests  to  extend  the  capability  of  die  AP72  beyond  body-alone  cases.  The  requests 
for  extensions  of  the  code  were  presented  to  Naval  Sea,  Naval  Air,  and  Office  of  Naval  Research 
sponsors.  Consequently,  funding  for  continuous  upgrades  to  the  APC  has  been  provided  for  die 
past  30  years.  In  addition  to  Navy  funding,  a  small  amount  of  funding  has  been  provided  by  the 
Army  and  Air  Force.  NASA  has  also  provided  support  through  wind  tunnel  testing. 

The  first  extension  of  the  AP72  was  to  allow  for  the  addition  of  two  sets  of  lifting 
surfaces  to  the  geometry  (see  Figure  2)  so  that  guided,  as  well  as  unguided,  projectiles  could  be 
considered.  This  version  of  the  code  is  referred  to  as  the  AP74.^’*’^  One  of  the  most  significant 
aspects  of  the  AP74,  in  addition  to  a  total  force  and  moment  code  for  guided  projectiles,  was  the 
engineering  approximations  for  interference  lift  of  non-slender  wings  and  Ae  change  in  base 
drag  as  a  result  of  the  presence  of  wings. 


FIGURE  2.  TYPICAL  AXISYMMETRIC  WEAPON  CONFIGURATION  GEOMETRY 
OPTIONS  AND  NOMENCLATURE 


The  next  extension  of  the  APC  was  to  add  dynamic  derivatives  (pitch  damping,  roll 
damping,  and  magnus  moment)  to  the  codes  capability.  The  magnus  moment  was  for  spin 
stabilized  projectiles  only  and  was  assumed  to  be  zero  for  slowly  spinning  fin-stabilized  rounds. 
This  information  could  be  used  to  perform  dynamic  stability  analysis  of  various  concepts  and  to 
determine  how  quickly  a  motion  could  be  expected  to  damp  out.  This  version  of  the  code  was 
referred  to  as  the  AP77.*®'*^  The  first  three  versions  of  the  APC  were  all  focused  first  and 
foremost  on  meeting  projectile  conceptual  design  requirements. 

The  next  four  versions  of  the  APC  were  all  aimed  at  meeting  configuration  and  missile 
fli^t  requirements.  The  first  requirement  was  to  extend  the  Mach  number  to  8.  This  Mach 
number  limit  was  considered  as  an  upper  bound  of  where  the  perfect  gas  law  could  be  applied. 
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A  modified  form  of  second-order-shock-expansion  theory  combined  with  Modified  Newtonian 
Theory*®  was  used  as  the  pressure  predictor  on  the  body  for  Mach  numbers  greater  than  about  2. 
Improved  transonic  nose  drag  estimates  were  also  designed*’  and  incoiporated  into  the 
Apgi  *8-2*  g^g  effects  and  aeroheating  capability  was  added  in  the  early  90’s  and  the  Mach 
number  capability  extended  to  20  as  well.^^'^®  Additionally,  several  new  approximate  pressure 
predictors  were  developed  and  an  improved  base  drag  prediction  model  was  derived.  Finally, 
complete  nonlinear  aerodynamics  were  included  for  all  lift  components  to  allow  aerodynamics  to 
be  estimated  at  AOA  up  to  30  deg.  The  first  author  introduced  the  “direct  approach”  for 
computing  the  aerod5miamic  nonlinearities  in  this  version  of  the  APC,  which  is  referred  to  as  the 
AP93.  By  “direct  approach”  to  approximate  aerodynamic  nonlinearities  it  is  meant  that  each 
normal  force  component  associated  with  a  configuration  be  broken  down  into  a  linear  and  a 
nonlinear  term.  The  linear  term  is  estimated  by  linear  theory  or  slender  body  theory.  The 
nonlinear  term  is  estimated  as  “directly”  as  possible  by  subtracting  the  linear  term  firom 
component  wind  tunnel  data  and  then  developing  approximations  to  this  nonlinear  term  based  on 
ffeestream  and  geometry  consideration.  The  AP93  theory  and  computer  code  was  summarized 
in  References  29  and  30. 

The  AOA  capability  was  extended  from  30  to  90  deg  at  the  roll  position  of  O  =  0  deg 
(fins  in  the  plus  roll  position  as  viewed  from  the  rear)  in  1995.^®"^®  For  the  first  time,  a  user 
friendly  pre-  and  post-processor^’  was  developed  to  reduce  the  set  up  time  from  hours  to  minutes 
for  most  geometries.  The  AP95  was  summarized  in  References  37, 39,  and  40. 

The  AP98  added  significant  new  capabilities  to  the  APC.  First,  nonlinear  aerodynamics 
were  extended  to  the  ^>  =  45  deg  roll  position  (fins  in  cross  or  “x”  orientation).  This  technology 
again  used  the  so  called  “direct  approach”  and  is  summarized  in  References  46  and  49-51.  A 
method  was  developed  to  distribute  structural  loads  (including  the  nonlinear  terms)  over  the 
body  and  wing  surface  for  structural  engineers.'**’®'*  The  nonlinear  wing-tail  interference  model 
was  extended  to  ^  =  45  deg  as  well.®**  An  improved  method  for  axial  force  at  high  AOA  was 
developed®^’®®  and  integrated  into  the  APC.  Finally,  new  technology®®’®’’®*  was  developed  to 
allow  noncircular  wing-body-tail  configurations  to  be  combined  in  the  geometry  mix  (see 
Figure  3).  All  the  technology  integrated  into  AP98  is  given  in  References  46-65  and  is 
summarized  in  References  59-61 . 

The  technology  developed  for  the  first  seven  versions  of  the  APC  (AP72,  AP74,  AP77, 
AP81,  AP93,  AP95,  AP98)  was  spread  out  over  a  period  of  over  25  years  and  many  of  the 
references  were  not  easily  accessible.  Fxirdiermore,  no  summary  document  existed  that  could 
bring  all  the  many  different  theories  and  empirical  methods  together  in  a  single  cohesive  fashion. 
As  a  result,  the  first  author  published  a  book  in  2000,  Approximate  Methods  for  Weapon 
Aerodynamics.®®  This  book  summarizes  all  the  approximate  methods  currently  in  use  in  the 
AP98  and  offers  many  sample  calculations. 


1 .2  AP02  NEW  TECHNOLOGY 

The  primary  focus  of  this  report  is  to  summarize  the  new  technology  which  has  been 
integrated  into  the  AP98  to  form  the  basis  of  the  AP02.  As  already  mentioned,  the  first  three 
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FIGURE  3.  NONCIRCULAR  CROSS-SECTION,  WING-BODY  CONFIGURATIONS 
FOR  THE  AEROPREDICTION  CODE 


versions  of  the  APC  focused  on  meeting  guided  and  unguided  projectile  requirements  (AP72, 
AP74,  AP77)  and  the  last  four  versions  have  focused  on  meeting  missile  requirements  (AP81, 
AP93,  AP95,  AP98).  During  the  past  20  plus  years,  many  emerging  projectile  concepts  have 
been  investigated;  however,  many  could  not  be  considered  in  their  entirety  by  the  APC.  The 
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APC  could  be  used  as  the  workhorse  to  do  many  of  the  aerodynamic  calculations,  but  the 
projectile  concepts  had  many  design  needs  that  could  not  be  met  with  even  the  latest  version  of 
the  APC,  the  AP98.  These  emerging  projectile  needs  that  form  the  basis  of  the  AP02  are 
summarized  in  Figure  4. 

Referring  to  Figure  4,  the  first  requirement  that  we  addressed  for  the  projectile  concepts 
was  that  of  providing  aerodynamics  for  concepts  that  consider  6  and  8  fins  as  alternatives  to  2  or 
4  fins,  which  the  AP98  handled.  The  Extended  Range  Guided  Munitions  (ERGM)  as  well  as 
other  concepts,  have  considered  multi-fins  in  the  past.  The  present  approach  is  to  use  the  AP98 
in  conjunction  with  hand  calculations  to  estimate  multi-fin  aerodynamics.  New  technology  was 
developed^’’^*  and  integrated  into  the  AP98  to  automate  this  process. 

The  next  problem  area  addressed  for  the  projectiles  was  refinement  of  the  nonlinear 
aerodynamic  terms.  The  primary  data  base  upon  which  these  nonlinear  terms  were  developed 
was  the  NASA/Tri  Service  Data  Base.^^  The  Reference  69  data  base  was  developed  using  a 
constant  value  of  r/s  of  0.5,  which  is  typical  of  many  missiles.  However,  many  guided 
projectiles  have  fins  with  fairly  large  semispans  and  can  have  r/s  values  as  low  as  0.2.  A  more 
recent  data  base^®  was  provided  to  us  where  r/s  was  varied  from  0.25, 0.33  and  0.5.  This  allowed 
us  to  refine  our  nonlinear  aerodynamic  terms  for  all  normal  force  and  interference  effects.  The 
new  technology  resulting  from  the  refinement  was  documented^''^^  and  integrated  into  the  AP98. 


FIGURE  4.  AP02  REQUIREMENTS 
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The  third  problem  area  indicated  in  Figure  4  for  projectiles  was  dynamic  derivatives. 
The  dynamic  derivatives  had  not  been  changed  since  1977.  Specifically,  the  limitations  for  the 
dynamic  derivatives  include  the  lack  of  a  pitch  damping  term  for  the  flare  component  of  a 
projectile  configuration.  Also,  the  body  alone  pitch  damping  is  based  on  an  old  empirical  data 
base,  and  no  nonlinear  terms  were  included  in  this  data  base.  The  first  two  of  these  problem 
areas  were  addressed,  improved  upon,  documented,’'^’’^  and  integrated  into  the  AP98  to  be  a  part 
of  the  AP02.  The  third  problem  area,  a  lack  of  nonlinearities  for  the  dynamic  derivatives,  was 
not  addressed  due  to  lack  of  a  good  generic  data  base  that  covered  the  flight  regimes  of  interest. 
To  develop  a  generic  data  base,  analogous  to  References  69  or  70,  was  beyond  the  scope  of 
present  work. 

The  fourth  problem  area  addressed  for  the  projectile  needs  was  that  of  improving  the 
powCT-on  base  drag  and  providing  a  base  bleed  capability.  The  power-on  base  drag  was 
incorporated  in  the  AP81  and  had  not  been  changed  since  that  time.  This  methodology  was 
improved  upon  by  making  it  more  robust.  In  addition,  a  base  bleed  capability,  which  has  been 
requested  by  projectile  designers  for  over  10  years,  was  integrated  into  die  APC  and  will  also  be 
a  part  of  the  AP02.  The  improved  power-on  base  drag  methodology  was  documented  in 
References  76  and  77. 

Another  area  indicated  for  improvement  in  Figure  4  to  meet  projectile  requirements  is 
that  of  improving  the  zero  lift  axial  force  for  noncircular  cross  section  bodies.  Some  weapon 
concepts,  such  as  the  Mission  Responsive  Ordnance,  need  the  capability  to  reasonably  and 
accurately  predict  axial  force  so  a  good  trajectory  estimate  can  be  made.  Some  modifications  to 
axial  force  for  nonaxisymmetric  bodies  were  made  and  incorporated  into  the  AP98.^^  However, 
without  adequate  data,  it  was  not  clear  if  enough  refinements  in  axial  force  had  been  made.  A 
recent  data  base  taken  at  the  Aeroballistic  Range  Facility^®  at  Eglin  Air  Force  Base  has  allowed 
the  axial  force  prediction  for  noncircular  bodies  to  be  refined.  This  refinement  has  not  been 
formally  documented  and  this  report  will  serve  to  meet  the  formal  documentation  need. 

The  final  aerodynamic  requirement  referred  to  in  Figure  4  that  the  AP98  cannot  meet  is 
to  calculate  aerodynamics  of  concepts  which  use  trailing-edge  flaps  for  control.  The  Barrage 
Round  is  an  example  of  a  concept  that  considered  trailing-edge  flaps.  Again  technology  was 
developed  and  documented’^  that  will  be  a  part  of  the  AP02.  This  new  technology  can  only  be 
applied  to  the  aft  located  set  of  lifting  surfaces  as  presently  configured  for  the  AP02. 

In  addition  to  aerodynamic  needs  that  were  not  met  firom  a  projectile  requirements 
standpoint,  improved  productivity  for  one  of  the  primary  applications  of  the  APC  aerodynamics 
is  ad^essed  by  the  AP02.  This  application  is  to  use  aerodynamics  generated  by  the  AP02  as 
inputs  to  trajectory  (either  ballistic  or  trim  mode)  analysis.  The  AP98  process  is  to  generate  a  set 
of  aerodynamics,  provide  these  to  a  flight  dynamicist  who  will  input  the  aerodynamics  into  a 
trajectory  module  and  generate  trajectories.  In  many  cases,  aerodynamic  design  changes  are 
made  as  a  result  of  this  process  and  an  interaction  process  between  the  aerodynamicist  and  flight 
dynamicist  begins.  The  AP02  will  contain  a  module  for  ballistic  and  a  three  degree-of-fireedom 
code  for  trim  aerodynamics.  As  a  result,  a  personal  computer  can  be  used  to  rapidly  make  design 
changes  and  see  the  results  in  terms  of  range  and  flight  performance.  This  automation  of 
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incorporation  of  trajectories  into  the  AP02  should  provide  significant  airframe  only  in  the  design 
productivity  improvements. 

Figure  5  summarizes  the  APC  evolution  from  its  inception  in  1972  to  the  present  AP02 
version  that  will  soon  be  available. 


1 .3  SUMMARY  OF  AEROPREDICTION  PRODUCTS  PRODUCED 

Since  this  version  of  the  APC  may  be  the  last  under  ONR  sponsorship,  it  is  believed 
worthwhile  to  summarize  the  products  produced  for  the  money  invested  over  the  last  30  years. 
During  that  time  firame,  it  is  estimated  a  total  of  5  to  6  million  dollars  (in  fiscal  year  2002  dollars 
a  factor  of  2  would  be  applied  to  the  5  or  6  million)  has  been  invested  in  developing  the  8 
versions  of  the  aeroprediction  code.  The  products  produced  include  computer  codes,  new 
technologies,  training  of  new  engineers,  reports,  and  one  book.  Table  lA  summarizes  the  first 
authors  perspective  on  the  new  or  improved  methods  that  were  developed  during  the  30-year 
time  fi'ame.  These  new  technologies  were  documented  in  References  5-68,  71-77,  and  79.  The 
new  technologies  developed  up  through  1998  were  then  summarized  in  a  book.^^  This  report 
will  summarize  the  new  technologies  developed  since  the  AP98  was  developed. 

Table  IB  summarizes  the  products  produced  firom  the  30-year  technology  effort.  These 
products  included  8  versions  of  the  APC.  The  latest  version  that  is  in  transition  (AP98)  has  been 
transitioned  to  over  140  requesting  organizations.  This  includes  all  major  Department  of 
Defense  activities  (both  private  and  public)  involved  in  the  weapons  business  as  well  as  several 
universities.  It  currently  includes  80  publications  and  several  more  publications  will  be  added  to 
fully  document  the  AP02.  Some  of  the  intangible  products  produced  are  the  numerous  young 
engineers  who  have  been  trained  on  the  job  with  some  version  of  the  APC.  Also,  the  cost 
savings  to  the  many  weapons  programs  that  have  used  the  APC  in  preliminary  design  is  difficult 
to  estimate. 

At  the  request  of  several  branch  heads,  the  first  author  has  just  started  providing  training 
courses  on  APC  theory  and  use.  These  courses  are  not  paid  for  by  the  Navy  technology 
sponsors,  but  by  the  agencies  who  send  students  to  the  classes.  However,  it  is  a  means  to 
continue  to  provide  technical  support  to  the  aeroprediction  effort  and  help  the  technical 
community  to  better  use  the  APC  with  all  its  available  options.  It  is  also  a  means  to  train  jxmior 
engineers  on  fundamental  weapon  aerodynamics  and  the  use  of  the  code. 


2.0  AP02  NEW  CAPABILITY 


Section  1 .2  discussed  the  new  methods  that  have  been  developed  to  meet  some  of  the 
needs  of  the  projectile  community  and  those  that  will  be  part  of  the  AP02.  These  methods 
included  multi-fin  aerodynamics,  improved  nonlinear  aerodynamics,  improved  pitch  damping, 
improved  axial  force  for  nonaxisymmetric  bodies,  improved  power-on  base  drag  (including  base 
bleed  effects),  trailing-edge  flap  technology,  and  trajectory  models.  In  addition  to  these  new 
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TABLE  1  A.  NEW  TECHNOLOGY  DEVELOPED  IN  ENGINEERING  AEROPREDICTION  AREA 


1.  New  method  for  computing  wave  drag  on  blunt  bodies  for  Mach  numbers  1.2  ^  M  ^  2.5 

2.  New  semiempirical  method  for  estimating  base  drag 

3.  First  Aeroprediction  Code  (coined  the  term  aeroprediction  in  1973  and  it  is  widely  used  in  the  community 

today) 

4.  Engineering  methods  for  treating  lift  and  interference  of  non  slender  wings  with  linear  theory  and  slender 
body  theory 

5.  Empirical  method  to  estimate  base  drag  due  to  angle  of  attack  and  tail  fins 

6.  Improved  method  of  second-order-shock-expansion  theory  for  blunt  bodies 

7.  Improved  methods  for  dynamic  derivatives 

8.  Semiempirical  method  for  transonic  wave  drag  and  normal  force  prediction 

9.  New  empirical  method  for  magnus  prediction  due  to  boattails 

10.  New  optimization  method  for  design  of  bodies  for  minimum  drag 

11.  A  new  method  for  calculating  aerodynamics  on  nonaxisynunetric  bodies  at  low  supersonic  Mach  numbers 

12.  Extended  second  order  shock  expansion  theory  to  include  real  gas  effects 

13.  New  pressure  prediction  methods  developed  for  blunt  bodies  and  to  include  angle  of  attack  effects 

14.  New  approximate  method  for  computing  heat  transfer  coefficients 

15.  Improved  body  alone  nonlinear  lift  prediction 

16.  New  wing-alone,  wing-body,  and  body- wing  interference  lift  methods  developed  for  angle  of  attack  effects 

17.  New  wing-body  interference  method  due  to  control  deflection 

18.  New  base  drag  data  base 

19.  Improved  empirical  base  drag  prediction  method 

20.  Improved  wing-tail  interference  method 

21.  Method  to  distribute  nonlinear  loads  over  wings  and  body  for  structural  application 

22.  Improved  method  for  nonlinear  axial  force  prediction 

23.  Improved  method  for  aerodynamics  of  noncircular  cross-section  bodies 

24.  Simplified  method  for  multi-fin  weapon  aerodynamics 

25.  Improved  methods  for  power-on  base  drag  prediction 

26.  Improved  method  for  aerodynamics  of  trailing-edge  flaps _ 
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TABLE  IB.  PRODUCTS  AM)  TRANSITIONS  PRODUCED  FROM  THE  ENGINEERING 

AEROPREDICTION  TECHNOLOGY 


1 .  Eight  (8)  versions  of  the  AP  Code 

1972, 1974, 1977,  1981,  1993,  1995, 1998, 2002 

2.  Numerous  transitions  of  various  versions  of  code.  1998  version  transitioned  to  over  140  agencies 

3.  87  publications  with  several  more  planned 

•  37  NSWCDD  Technical  Reports 

•  28  Papers  at  recognized  meetings 

•  21  Journal  articles 

•  1  Book 

4.  Intangible  Products 

•  Training  provided  to  numerous  yoimg  engineers 

•  Cost  savings  to  numerous  weapons  programs  due  to  productivity  enhancements  and  cost  effective 

_ accuracy  of  APC _ 


technologies  integrated  into  the  AP02,  we  have  incorporated  an  aerodynamic  smoother  at 
bovmdary  points  where  different  methods  are  used  to  calculate  aerodynamics.  We  have  also 
upgraded  the  pre-  and  post-processor  interface  to  the  Fortran  computer  code  that  allows 
aerodynamics  to  be  obtained  several  times  faster  than  using  the  older  method  of  inputs  to  die 
Fortran  code.  Each  of  these  new  methods  are  discussed  in  detail  in  References  67,  68,  71-77, 
and  79.  Each  of  the  new  capabilities  will  be  summarized  in  this  report.  For  more  details  on  each 
new  method  and  for  more  detailed  validation  with  experiment,  the  reader  is  referred  to  die  above 
references. 

After  the  new  or  improved  methods  added  to  the  AP98  (which  will  comprise  the  AP02) 
are  summarized,  it  is  believed  useful  to  briefly  discuss  the  methods  in  the  AP98  that  will  remain 
unchanged.  In  fact,  most  of  the  theoretical  and  empirical  methods  currently  in  use  in  the  AP98 
will  remain  unchanged.  The  reader  is  referred  to  Reference  59  for  a  brief  summary  of  the  AP98 
mediods  and  to  Reference  66  for  a  more  detailed  summary  of  the  AP98  theory. 


2.1  MULTI-FIN  AERODYNAMICS  CAPABILITY 

Work  discussed  in  this  section  of  the  report  was  documented  in  References  67  and  68  and 
the  reader  is  referred  to  these  references  for  the  details  of  the  multi-fin  aerodynamics  capability. 
The  work  of  those  two  references  will  be  briefly  summarized  here. 

Typical  weapon  configuration  design  and  control  alternatives,  for  which  aerodynamics 
are  desired,  are  shown  in  Figure  6.  These  configurations  define  the  general  requirements  to  be 
considered  in  the  analytical  development  methodology  for  multi-fin  configurations.  In  general, 
one  can  have  a  body-tail  configuration  that  is  either  guided  or  unguided.  If  it  is  unguided,  four, 
six,  or  eight  tail  fins  can  be  assumed.  Should  odier  needs  become  apparent  in  the  future, 
additional  fin  alternatives  could  be  considered. 
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WEAPON  DESIGN 


Top  View  of  Cruciform 
Canard/Tail  Case 


Canards.  Winos  Tails 

0,  2,  or  4  Fins  4,  6,  or  8  Fins 


WEAPON  CONTROL  ALTERNATIVES 


Body-Tail  Canard  or  Wino-Bodv-Tail 

Unguided  :  4,  6,  or  8  Fins  Canard  Control :  2  or  4  Canards  and 

Guided  :  4  Fins  4,  6,  or  8  Tails 

Tail  Control  :.2,  4,  6,  or  8  Canards 
and  4  Tails 

FIGURE  6.  TYPICAL  WEAPON  DESIGN  AND  CONTROL  ALTERNATIVES 


Canard  or  wing-body-tail  configurations  have  more  options  for  control  than  body-tail. 
The  control  can  be  from  the  canards  or  wings,  in  which  case  there  will  be  two  or  four  canards 
(wings)  present  and  either  four,  six,  or  eight  tail  surfaces.  Here,  the  tail  surfaces  are  used 
exclusively  for  stability.  For  the  tail  control  option,  the  forward  set  of  lifting  surfaces  can  have 
2,  4,  6,  or  8  fins;  but  again,  the  tail  controls  are  assumed  to  be  cruciform.  In  effect,  the  above 
alternative  design  and  control  constraints  are  placed  on  the  aerodynamics  methodology  from  a 
practical  standpoint. 

The  above  set  of  requirements  had  to  do  with  the  practical  configurations  for  which 
aerodynamics  are  desired.  A  second  set  of  requirements  in  the  analytical  methodology 
development  had  to  do  with  the  methodology  development  approach  in  the  APC.  This  latter  set 
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of  requirements  is  driven  by  the  APC  logic  and  how  to  most  cost-effectively  integrate  multi-fin 
computations  into  a  code  set  up  for  2-  or  4-fin  alternatives.  The  APC  logic  requirement  thus 
leads  one  to  define  factors  by  which  the  2-  or  4-fin  aerodynamics  can  be  multiplied  so  as  to  make 
the  minimum  amount  of  changes  to  the  APC. 

The  multi-fin  aerodynamics  we  are  interested  in  include  the  effect  on  axial  force,  normal 
force,  center  of  pressure,  roll  damping  moment,  and  pitch  damping  moment.  Magnus  moment  is 
presently  assumed  to  be  zero  for  fin-stabilized  weapons  because  of  low  spin  rates  (this 
assumption  may  be  inaccurate  if  the  spin  rate  is  greater  than  a  few  cycles  per  second).  Each  of 
these  aerodynamics  will  be  considered  individually. 

Based  on  past  experience  with  calculations  of  axial  force  of  two  fins  versus  four  fins,  we 
have  foxmd  reasonable  accuracy  by  taking  the  axial  force  coefficient  of  a  single  fin  and 
multiplying  it  by  the  numbw  of  fins  of  interest.  No  interference  effect  between  the  body  and 
fins,  other  than  the  base  pressure,  has  been  observed.  Hence,  this  assumption  will  be  made  for 
the  axial  force  of  weapons  with  more  than  four  fins.  That  is 

Ca=c^^„,+(c^3,Xnf)  (1) 

However,  it  should  be  pointed  out  that  as  the  number  of  fins  increases  fi’om  four  to  eight,  the 
probability  of  mutual  interference  between  fins  increases.  This  is  particularly  true  for  highly 
blimt  fin  leading  edges.  Nevertheless,  for  the  time  being.  Equation  (1)  will  be  assumed. 

It  will  also  be  assumed  that  the  center  of  pressure  of  the  total  normal  force  contribution  of 
multi-fins  is  the  same  as  that  of  four  fins.  The  total  normal  force  contribution  of  the  fins  includes 
the  normal  force  of  the  fins  in  presence  of  the  body,  plus  the  additional  normal  force  on  the  body 
as  a  result  of  tiie  fins  being  present. 

For  roll  damping  moments,  the  present  methodology  in  the  AP98  assumes  the  fins  go  to 
the  centerline  of  the  body,  the  roll  damping  of  planar  fins  is  computed  using  linear  theory,  the 
number  of  fins  is  accounted  for  by  slender  body  theory  (SBT),  and  body  interference  effects  are 
accounted  for  by  Figure  7.  Figure  7  is  taken  from  Reference  80;  it  basically  says  that  for  two-  or 
four-fin  cases,  the  wing-body  roll  damping  is  nearly  independent  of  r/s  (where  r  is  file  body 
radius  and  s  is  the  body  radius  plus  the  wing  semispan)  for  values  up  to  0.4.  After  that,  the  roll 
damping  goes  to  the  body-alone  value  in  a  nearly  linear  fashion  as  r/s  approaches  1 .0.  Also,  SBT 
says  that  the  value  of  roll  damping  of  eight,  six,  and  four  fins  compared  to  that  of  two  fins  is  2.3, 
2,  and  1 .62,  respectively.  These  factors  are  used  in  conjunction  with  die  roll  damping  moment  of 
the  fin  alone  and  the  interference  factors  of  Figure  7  to  compute  roll  damping  of  multi-fin 
configurations.  The  only  assumption  made  here  is  that  for  six  or  eight  fins,  the  curve  of  Figure  7 
for  four  fins  can  be  used  directiy.  This  assumption  is  based  on  the  fact  that  SBT  shows  little 
difference  between  two-  and  four-fin  wing-body  roll  damping  as  a  function  of  r/s,  as  seen  in 
Figure  7. 

As  far  as  pitch  damping  moment  is  concerned,  the  computational  procedure  is  similar  to 
that  of  the  roll  damping.  The  wings  are  assumed  to  extend  to  the  centerline  of  the  body,  the  pitch 


13 


NSWCDDATR-Ol/lOS 


0.0  0.2  0.4  0.6  0.8  1.0 


r/(r+b/2)  =  r/s 

FIGURE  7.  EFFECT  OF  BODY  RADIUS  ON  DAMPING  IN  ROLL  FOR 
FIXED  SPAN  (TAKEN  FROM  REFERENCE  67) 


0.0  0.2  0.4  0.6  0.8  1.0 


r/(r+b/2)  =  r/s 


FIGURE  8.  EFFECT  OF  BODY  RADIUS  ON  DAMPING  IN  PITCH 
FOR  FIXED  SPAN  WINGS 


damping  of  planar  wings  is  computed  using  linear  theory,  and  then  the  method  of  Bryson^'  is 
used  to  account  for  the  interference  effects  of  the  body  in  the  presence  of  the  wing.  Since  the 
wings  are  assumed  to  extend  to  the  centerline  of  the  body  and  the  number  of  wings  will  be 
accounted  for  by  the  factor  of  the  normal  force  of  the  wing  alone,  this  wing-body  interference 
factor  will  be  less  than  one.  Figure  8  gives  the  SBT  interference  results  for  pitch  damping 
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moment  for  two,  four,  six,  and  eight  wings.  As  seen  in  Figure  8,  increasing  the  number  of  fins 
from  two  to  eight  has  very  little  effect  for  small  values  of  r/s  (r/s  <  0.4),  but  wing-body 
interference  has  an  increasing  effect  for  all  fins  as  r/s  approaches  0.6  to  0.8. 

SET  states  that  the  normal  force  of  six  and  eight  fins  is,  respectively,  1.5  and  2.0  times 
that  of  four  fins.  Experience  has  shown  these  factors  to  be  high  in  general,  particularly  as  AOA 
increases.  Since  the  AP98  has  all  the  nonlinearities  for  the  normal  force  contributions  of  the 
wing,  body,  and  interference  terms,  it  seems  logical  to  assume 

[^Nw(b)’  ^Nb(w)’  ^Nt(v)]6  gpin  ~  [^Nw(b)’  ^Nb(w)’  ^NT(v)]4Fin 

where  the  factors  Fe  and  Fs  must  be  determined.  They  are  the  factors  by  which  we  multiply  the 
cruciform  fin  normal  force  components  for  six-  and  eight-fin  configurations,  respectively.  These 
factors  are  the  SET  factors  of  1.5  and  2.0  previously  mentioned.  However,  die  SET  values  will 
be  replaced  with  values  appropriate  for  a  given  aspect  ratio  wing  at  a  given  AOA  and  Mach 
number.  While  the  factors  will  be  determined  explicitly  for  die  wing-body  plus  the  body-wing 
contributions  to  normal  force,  they  will  also  be  assumed  to  apply  to  the  tail  downwash 

and  pitch  damping  moment  for  the  time  being.  Computational  Fluid  Dynamics  (CFD)  methods 
were  used  to  calculate  the  factors  Fe  and  Fs  of  Equation  (2). 

Two  CFD  codes  were  used  in  the  computational  process.  They  are  the  ZEUS*^  and 
GASP*^  codes.  The  ZEUS  code  is  a  full  Euler  solver;  the  GASP  code  is  a  full  Navier-Stokes 
solver  with  a  subsonic  Euler  solver  option.  The  ZEUS  code  uses  a  marching  solution  to  the 
Euler  equations.  This  means  the  flow  along  the  axial  plane  must  be  supersonic  in  order  for  the 
code  to  have  hyperbolic  flow  conditions  throughout  the  computational  region.  This  region 
encompasses  the  bow  shock  to  the  rear  of  the  body. 

Results  for  the  factors  F^  and  Fg  obtained  from  use  of  the  CFD  code  in  conjunction  with 
extrapolations  of  CFD  results  in  some  cases  is  given  in  Table  2.  Table  2,  along  widi 
Equations  (1)  and  (2),  Figures  7  and  8,  and  the  SET  factors  for  roll  and  pitch  damping  is  the 
process  the  AP02  will  use  for  estimating  aerodynamics  of  6  and  8  fin  configurations  based  on  the 
aerod5mamics  of  4  fin  cases. 


2.2  AERODYNAMIC  SMOOTHER 

The  APC  uses  many  different  methods  to  predict  aerodynamics  at  a  given  Mach  number 
and  AOA.  At  Mach  numbers  1 .2, 2.0,  and  6.0,  where  one  method  ends  and  another  method  takes 
over,  discontinuities  in  aerodynamics  can  be  encountered.  The  discontinuities  are  the  result  of 
different  methods  being  used  on  either  side  of  M»  =  1.2,  2.0,  or  6.0.  The  problem  does  not 
appear  to  be  significant  at  M  =  1 .2,  but  at  2.0  and  6.0,  these  fictitious  discontinuities  can  be 
misleading  to  an  unsuspecting  user  of  the  APC  when  they  plot  the  aerodynamics  as  a  function  of 
Mach  number.  As  an  illustration  of  this  problem,  consider  Figure  9.  Figure  9  is  an  example  of  a 
12-caliber,  axisymmetric  body,  tangent  ogive-cylinder  configuration  with  a  nose  length  of 
3  calibers.  It  has  aspect  ratio  2.0  cruciform  delta  fins  oriented  in  the  O  =  0  deg  roll  orientation 
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TABLE  2.  APPROXIMATED  VALUES  OF  THE  FACTORS  F*  AND  Fg  OBTAINED  FROM  SMOOTHED 
VALUES  OF  THE  ZEUS  AND  GASP  CODE  COMPUTATIONS  AND  ENGINEERING  JUDGEMENT 


AR 

a 

Fe 

MACH  NUMBER 

Fs 

MACH  NUMBER 

1.5 

2.0 

3.0 

4.5 

0.6 

1.5 

2.0 

3.0 

4.5 

.25 

0 

1.26 

1.37 

1.27 

1.19 

■n^l 

1.42 

1.4 

■■ 

15 

1.00 

1.00 

1.10 

1.19 

1.03 

1.17 

■99 

1.00 

1.00 

1.00 

1.19 

1.22 

1.00 

1.01 

1.27 

■■ 

45 

1.00 

1.00 

1.00 

1.00 

1.00 

LOO 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

LOO 

1.00 

B|^9 

1.00 

1.00 

75 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

B|^9 

1.00 

1.00 

90 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

.50 

0 

1.35 

1.25 

MSB 

MSB 

■E&i 

2.00 

1.36 

1.28 

■■ 

15 

1.06 

1.10 

ID 

m 

ID 

1.18 

1.24 

WR9 

30 

1.00 

1.00 

MM 

ID 

1.00 

1.08 

1.16 

1.41 

■I 

45 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.04 

1.06 

1.20 

60 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

75 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

90 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.0 

0 

1.35 

1.42 

1.92 

■ngB 

■QED 

■ED 

15 

1.23 

1.32 

1.50 

1.69 

9k  9 

30 

mmSm 

1.00 

1.21 

1.38 

1.43 

1.28 

1.15 

1.64 

45 

1.02 

1.00 

1.10 

1.13 

1.20 

1.05 

1.00 

1.48 

1.61 

60 

1.00 

1.00 

1.00 

LOO 

LOO 

LOO 

LOO 

1.32 

1.25 

75 

1.00 

1.00 

LOO 

LOO 

1.00 

1.00 

1.16 

LOO 

90 

1.00 

1.00 

1.00 

LOO 

1.00 

1.00 

LOO 

1.00 

LOO 

2.0 

0 

1.42 

1.50 

1.50 

■MM 

■KjM 

1.92 

■IQH 

15 

1.31 

1.41 

1.27 

1.39 

DBM 

Bjgn 

1.77 

30 

1.17 

1.00 

mm 

1.27 

1.45 

1.47 

9^9 

1.62 

45 

1.03 

1.00 

■IB 

1.14 

1.23 

1.25 

1.32 

1.27 

1.47 

1.95 

60 

1.00 

1.00 

1.00 

1.00 

1.00 

1.02 

1.00 

1.02 

1.32 

1.62 

75 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.17 

1.32 

90 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

with  the  leading  edge  located  7.8  calibers  from  the  nose  tip.  The  moments  are  taken  about  the 
center  of  gravity. 

The  static  aerodynamics  shown  in  Figure  9  are  axial  force,  normal  force,  and  pitching 
moment  coefficients  along  with  the  center  of  pressure.  Mach  numbers  for  which  the  AP98  was 
executed  were  0.6,  0.9,  1.2,  1.5,  1.99,  2.01,  2.4,  2.95,  3.95,  5.99,  6.0,  and  10.  The  point  where 
second-order  Van  Dyke  (SOVD)  ends  and  second-order  shock  expansion  (SOSE)  takes  over  was 
selected  to  be  2.0.  The  point  where  conventional  second-order  shock  expansion  ends  and  a 
modified  form  of  shock  expansion  theory  (MSOSE)  takes  over  is  automatically  set  at  6.0  in  the 
AP98.  Hence,  M  =  1.99  data  is  from  SOVD,  M  =  2.01  and  5.99  data  are  from  SOSE,  and 
M  =  6.0  data  is  from  MSOSE.  Notice  on  the  Ca  plot  that  there  is  a  discontinuity  between  SOVD 
and  SOSE  at  M  =  2.0.  Also  notice  on  the  Cn  plot  that  there  is  a  discontinuity  at  both  M  =  2.0 
and  6.0.  For  pitching  moment  and  center  of  pressure,  discontinuities  occur  only  at  M  =  6.0.  The 
discontinuities  in  Figure  9  appear  small,  but  some  cases  considered  in  the  past  have  shown 
discontinuities  larger  than  these. 
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FIGURE  9.  STATIC  AERODYNAMICS  OF  A  BODY-TAIL  CONFIGURATION  ILLUSTRATING 
DISCONTINUITIES  AROUND  M  =  2.0  AND  6.0  (a  =  I  DEG,  $  =  0  DEG) 
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While  the  numbers  in  this  particular  example,  due  to  the  different  aerodynamic  methods, 
are  less  then  5  percent  of  the  totals,  the  user  of  the  APC  is  left  with  the  question  of  which  number 
to  use.  Experience  has  shown  in  comparison  to  data  that  an  average  of  the  two  numbers  is 
probably  better  than  using  either  of  the  estimates  alone.  As  a  result,  an  aerodynamic  smoother 
was  developed  that  is  based  on  an  average  of  the  values  given  by  SOSE  and  SOVD  at  M  =  2.0 
and  an  average  of  SOSE  and  MSOSE  at  M  =  6.0.  The  smoother  linearly  goes  to  the  SOVD 
value  at  M  =  1.5  and  to  the  SOSE  value  of  the  particular  coefficient  at  M  =  2.5.  Likewise,  the 
value  of  the  aerodynamic  coefficient  at  M  =  5.0  is  based  fully  on  SOSE.  At  M  =  7.0,  it  is  based 
on  MSOSE.  The  average  value  of  the  two  methods  is  used  at  M  =  6.0. 

The  mathematics  of  the  aerodynamic  smoother  at  M  =  2.0  and  M  =  6.0  are  defined  by 
Equations  (3)  and  (4). 

Smoother  at  M  =  2.0 


(Ci)M=1.5  ~(^i)sOVD’(^i)M=2.5 


SOSE 


1.5  ^  M<2.0 

(^i  )m  ~  )sOVD  ~  ^  •^)  )m=2,0 

2.0  ^  M  <  2.5 

(C|)m  =(Ci)sosE  +2(M-2-5)(ACi)„.,„ 
where  =((0,) 

SOSE  (Cl)  SOVD  )/2 

Smoother  at  M  =  6.0 


(Ci)M=5.0  “  (Ci  )soSE  ’  (Ci  )m=7.0  ~(Ci); 

5.0  <  M  <  6.0 


MSOSE 


(Ci)M  —  (Ci)s0SE  ^•^)('^Cj),^_^i 


6.0 


6.0  ^  M  <  7.0 


(Ci)M  ~(Ci)MSOSE  "^(^  (^C;  q 

where  (ACi)j^_gQ  =((Ci)[^sosE  “(Ci)sosE)^^ 


(3A) 

(3B) 

(3C) 

(4A) 

(4B) 

(4C) 
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The  term  Q  of  Equations  (3)  and  (4)  represents  any  of  the  static  aerodynamic  coefficients. 
Figure  10  is  a  qualitative  view  of  what  Equations  (3)  and  (4)  are  doing  in  terms  of  modifying  the 
values  of  the  AP98  so  as  to  eliminate  the  discontinuities  shown  in  Figure  9. 


FIGURE  10.  USE  OF  AERODYNAMIC  SMOOTHER  TO  ELIMINATE  DISCONTINUITY 

IN  VALUE  OF  Ci  AT  M  =  2  AND  6 


Figure  1 1  shows  the  new  values  of  normal  force  coefficient  and  center  of  pressure  for  the 
configuration  of  Figure  9  using  the  aerodynamic  smoother.  Note  that  the  discontinuities  of 
Figure  9  are  no  longer  present  in  Figure  1 1  as  a  result  of  the  aerodynamic  smoother.  The 
smoother  only  eliminates  the  discontinuity  in  the  value  of  the  aerodynamic  coefficient.  It  does 
not  require  that  the  slope  of  the  aerodynamic  coefficients  (  i.e.,  dQ/dM)  be  continuous  in  a 
mathematical  sense. 


2.3  IMPROVED  NONLINEAR  AERODYNAMICS 

The  APC  is  a  semiempirical  code  which  predicts  low  AOA  aerodynamics  primarily  based 
on  linearized,  slender  body  and  local  slope  theories  and  computes  the  nonlinear  terms 
empirically  based  on  several  large  component  wind  tunnel  data  bases.^^’’®’*'^’®^  To  illustrate  the 
semiempirical  approach,  it  is  convenient  to  write  the  total  normal  force  coefficiait  equation  for  a 
wing-body-tail  configuration  as  defined  by  Pitts,'  et  al.  That  is 


“^Nb  ■'■[(^W(B)+K.B(w))a+(ky^,(B)+kB(w))Sw](CN„)w 
+  [  {K-t(b)  +  Kb(t) )  a  +  (krfB)  +  k b(t) ) ]  (Cn^  +  CN.r(v)  ^Nb(v) 


Each  of  the  terms  in  Equation  (5)  are  composed  of  a  linear  and  a  nonlinear  term.  Reference  1 
only  considered  the  linear  term;  more  recent  semiempirical  codes  include  nonlinearities  as  well 
(see  References  59, 86,  and  87  for  examples). 
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Mach  Number  Mach  Number 

FIGURE  1 1 .  NORMAL  FORCE  COEFFICIENT  AND  CENTER  OF  PRESSURE  FOR 
CONFIGURATION  OF  FIGURE  9  USING  AERODYNAMIC  SMOOTHER 


The  nonlinear  terms  of  the  AP98  were  based  primarily  on  data  bases^^’*'*’^^  where  r/s  was 
a  constant  (see  Figure  2  for  nomenclature)  value  of  0.5.  A  more  recent  missile  component  data 
base’®  varies  r/s  from  0.25,  0.33,  and  0.5.  This  more  recent  data  base,  which  includes  wing- 
alone,  body-alone,  and  wing-body  data  should  allow  refinement  in  the  nonlinear  terms  that  are 
used  in  the  AP98  to  model  Equation  (5)  and  the  companion  center  of  pressure  representation. 
Figure  12  shows  the  comparisons  of  the  configurations  tested  in  the  References  69  and  70  data 
bases. 


In  comparing  the  AP98  to  the  Reference  70  data  base,  it  was  foimd  that  there  was  good 
agreement  between  theory  and  data.  The  average  error  on  normal  force  and  center  of  pressure 
was  about  7  percent  and  2  percent  of  the  body  length,  respectively.’'  Although  these 
comparisons  are  within  the  desired  accuracy  levels  of  ±10  percent  and  ±4  percent  of  body 
length  for  normal  force  and  center  of  pressure,  respectively,  there  were  some  areas  where  the 
AP98  accuracy  compared  to  the  Reference  70  data  base  seemed  to  warrant  improvement.  These 
areas  were  body-alone  normal-force  coefficient  for  M«  >  2.75,  body-alone  center  of  pressure  in 
the  transonic  Mach  number  region,  and  the  treatment  of  the  linear  term  of  the  body-alone 
normal-force  coefficient  above  a  =  30  deg.  For  the  wing-alone  and  total  configuration 
aerodynamics,  some  slight  changes  appeared  to  be  needed  in  the  wing-alone  aerodynamics  and 
wing-body  interference  factors. 

In  some  later  undocumented  work,  several  fine  tuning  changes  were  found  to  be  needed 
for  the  nonlinear  interference  terms  for  control  deflection  of  Equation  (5).  Hence,  this  section  of 
the  report  summarizes  the  changes  previously  documented’*'  ^  for  the  nonlinear  aerodynamic 
terms  for  the  wing-  and  body-alone  and  the  wing-body  and  body-wing  interference  due  to  AOA. 
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nuoi^ 


FIGURE  12.  SCALED  GEOMETRY  COMPARISON  WITH  TRI-SERVICE  MODEL"''  AND 
REFERENCE  70  MODEL  (ALL  DIMENSIONS  IN  INCHES) 
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In  addition,  some  late  refinements  for  the  wing-body  and  body-wing  interference  due  to  control 
deflection  that  were  not  formally  documented  will  be  documented  at  this  time. 


2.3.1  Body  Alone  Modifications 

In  comparing  the  AP98  to  the  body-alone  wind  tunnel  data  of  Reference  70,  good 
agreement  in  center  of  pressure  and  normal  force  were  obtained.  Average  errors  of  normal  force 
were  less  than  6  percent  and  center  of  pressure  less  than  one-fourth  caliber  or  2  percent  of  the 
body  length.  These  average  errors  were  calculated  using  optimum  values  of  the  critical 
crossflow  Mach  number  and  Reynolds  number,  which  is  quite  important  for  Mo.  1.2 
comparisons.  Reynolds  number  Rec  was  a  constant  3.3  x  10^,  and  M^^  varied  from  0  at 

Moo  =  0.6  to  0.06  at  Mo.  =  0.9.  Also,  error  values  were  calculated  at  each  5-deg  AOA  at  all  Mach 
numbers  where  data  were  available.  This  gave  a  total  of  40  data  points,  sufficiently  large  to  get  a 
good  statistical  average  error. 

In  viewing  the  individual  comparisons,  it  was  clear  that  a  couple  of  minor  problems 
existed  which,  if  corrected,  could  somewhat  improve  these  average  errors.  The  first  one  has  to 
do  with  the  current  body-alone  methodology  for  implementing  compressibility  effects  into  the 
nonlinear  normal-force  term.  The  present  methodology  for  the  body-alone  aerodynamics  in  the 
normal  plane  is 


Cnb  +qCd^  sin^  a(Ap  /A„f) 

(6) 

Xcp  =[(Xcp)lCh^  +(Xcp)nlCnkl]/Cn, 

(7) 

Cmb=-C%(Xcp-X„) 

(8) 

In  addition,  an  empirical  table  of  center  of  pressure  shifts  was  used  for  the  body-alone  to 
partially  account  for  physics  not  adequately  accoimted  for  in  the  determination  of  center  of 
pressure.  These  physics  include  the  following:  transonic  flow  where  shock  waves  can  stand  on 
the  body,  that  the  linear  theory  center  of  pressure  does  not  stay  constant  as  is  presently  assumed, 
and  that  the  center  of  pressure  moves  in  a  parabolic  fashion  (vs  a  weighted  average  as 
represented  by  Equation  (7)]  from  its  value  at  a  =  0  to  the  centroid  of  the  planform  area  at  a  high 
AOA,  for  example,  45  deg. 


Three  slight  changes  in  the  Reference  59  methodology  are  being  implemented  as  a  result 
of  comparisons  of  the  Reference  70  data  base.  The  first  has  to  do  with  the  value  of  t|,  which  is 
the  normal  force  of  a  circular  cylinder  of  given  length-to-diameter  ratio  to  that  of  a  circular 
cylinder  of  given  length.  Likewise,  qo  is  the  value  of  q  at  Mn  =  0.  At  present. 


+rio  for  Mn<1.8 


(9) 


22 


NSWCDD/TR-01/108 


ti=[(1-t1o)/1.8]Mn+ti,  for  Mn<1.8 
Ti  =  l  for  Mn>1.8 


(9) 


Also,  T]  is  automatically  set  to  one  if  M.  ^  2.75.  This  last  condition,  where  r\  is  automatically  set 
to  one,  appears  to  not  be  necessary.  In  other  words.  Equation  (9)  is  allowed  to  completely 
determine  the  value  of  ti.  This  change  mainly  affects  normal-force  results  for  conditions  just 
above  the  cutoff  Mach  number  of  2.75 . 

The  second  change  implemented  as  a  result  of  the  Reference  70  data  base  has  to  do  with 
the  empirical  table  for  the  center  of  pressure  shifts.  Some  slight  changes  were  implemented  that 
mainly  affect  results  in  the  transonic  region  at  lower  AOAs.  The  Reference  70  data  base  had 
Mach  0.9  data  available,  which  allowed  the  results  of  Reference  59  to  be  somewhat  improved. 
These  modified  results  are  provided  in  Table  3.  They  result  in  some  slight  improvement  in  the 
average  center  of  pressure  error  for  the  AP98  from  about  0.25  to  0.2  caliber.  The  0.2  caliber 
error  is  an  average  error  of  about  1 .6  percent  of  the  body  length. 

The  third  body-alone  change  has  to  do  with  the  way  the  linear  and  nonlinear  terms  of 
Equation  (6)  are  treated  as  a  increases  above  30  deg.  The  AP98  methodology  assumes 


Cn,  =tCNLL3o[l-(a-30)/60],  30<a<90 


(10) 


TABLE  3.  SHIFT  IN  BODY-ALONE  CENTER  OF  PRESSURE  AS  A  FUNCTION  OF  MACH  NUMBER 
AND  AOA  (AS  A  FRACTION  OF  BODY  LENGTH) 


a 

M  \\ 

0 

10 

20 

30 

40 

50 

60 

70 

80 

90 

0.00 

0.02 

0.000 

-0.040 

-0.030 

-0.010 

0.00 

0.02 

0.005 

-0.025 

-0.040 

-0.030 

-0.010 

0.00 

0.025 

-0.030 

-0.015 

0.00 

0.60 

0.00 

0.03 

0.025 

-0.055 

-0.070 

-0.050 

wmm 

0.80 

0.00 

0.030 

0.020 

-0.025 

-0.050 

-0.070 

-0.070 

-0.050 

-0.015 

0.00 

0.90 

0.00 

0.030 

0.020 

-0.070 

-0.040 

-0.015 

0.00 

1.00 

0.00 

0.02 

-0.01 

-0.040 

1.15 

0.00 

0.02 

-0.01 

-0.02 

-0.030 

1.30 

0.00 

0.02 

-0.01 

-0.01 

-0.010 

-0.010 

-0.010 

-0.005 

0.000 

0.00 

HBI 

0.00 

0.02 

-0.01 

0.000 

0.000 

-0.010 

-0.005 

0.000 

0.00 

0.02 

0.015 

0.010 

0.005 

0.02 

0.005 

0.000 

0.000 

0.00 

0.00 

0.02 

0.02 

0.02 

0.015 

0.010 

0.005 

0.000 

i6.00 

0.00 

0.02 

0.02 

0.02 

0.015 

0.01 

0.005 

0.000 

0.000 

0.00 
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In  reality,  the  linear  term  does  not  decay  in  the  fashion  of  Equation  (10),  but  is  probably  more 
parabolic  in  nature.  Therefore,  a  better  representation  of  the  physics  is  assumed  to  be 


Cnl  a  <30 deg 

Cnl  =  (Cnl  L30  ’  30  deg  <  a  <  45  deg 

Cn.  =ICn,Lo[1-(«-45)/45] 


(11) 


45  deg  <  -  90  deg 


Figures  13  and  14  compare  the  AP98  methodology  to  the  AP02,  which  includes  the  three 
body-alone  changes  discussed.  Figure  13  is  the  Reference  70  data  base  and  Figure  14  is  the 
Reference  69  data  base.  Results  are  shown  only  for  Mach  numbers  above  2.75  because  this  is 


FIGURE  13.  COMPARISON  OF  MODIFIED  BODY-ALONE  AERODYNAMICS  METHOD 
TO  EXPERIMENT  FOR  REF.  70  MODEL  OF  FIG.  12 
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0  20  40  0  20  40 

a  (deg)  a  (deg) 


FIGURE  14.  COMPARISON  OF  MODIFIED  BODY-ALONE  AERODYNAMICS  METHOD 
TO  EXPERIMENT  FOR  REFERENCE  69  MODEL  OF  FIGURE  12 


2.3.2  Wing-Alone  Modifications 

The  wing-alone  methodology  of  Reference  59  assumed  the  wing-alone  normal-force 
could  be  predicted  from  a  fourth-order  equation  in  AO  A.  That  is,  assuming  no  wing  camber, 


Cnw  =aiaw  +^2^1 


(12A) 


a^  =34.044(0^^5^  -4.824(0^^5,,,  +0.426(CN)^^,Odeg  -6.412a,  (l^B) 


aj  =-88.240(OnL,5,„  +23.032(On)„^35.  -2.322(0^^0  deg  +11.464a,  (120) 
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Cn*  =aiO„  +a2aj,  +830^,  ta.at  (12A) 

aj  =34.044(C,3)„,33.^  -4.824(C +0.426(cJ„.„,,^ -6.412a,  (12B) 

a,  =  -88.240(C„)„,3,,^  +23.032(C„)„„3,^  -2.322(C3,)„3„„^  +1  r.464a,  (12C) 

a,  =  53.219(C„)„,3,^  -17-595(C„)„,3,^  +2.661(C3,)„„3,,  -5-971a,  (12D) 

The  term  ai  of  Equation  (12)  is  the  value  of  wing-alone  lift  curve  slope  at  a  =  0  given  by 
linear  theory.  The  terms  (CN)a  =  15  deg,  (CN)a  =  35  deg,  and  (CN)a  =  60  deg  are  values  of  wing-alone 
normal-force  coefficients  at  a  =  15,  35,  and  60  deg,  respectively,  defined  by  the  data  bases  of 
References  84,  85,  and  86.  Above  ttw  of  60  deg,  extrapolation  of  the  aerodynamics  at  ttw  of 
60  deg  is  used.  For  more  details  of  the  method,  the  reader  is  referred  to  Reference  42. 

The  center  of  pressure  of  the  wing-alone  and  wing-body  normal-force  is  assumed  to  vary 
in  a  quadratic  fashion  between  its  linear  theory  value  near  a  =  0  and  the  centroid  of  the  planform 
area  at  a  =  60  deg.  If  A  and  B  are  the  centers  of  pressure  of  the  linear  and  nonlinear  normal- 
force  terms  (in  percent  of  mean  geometric  chord),  and  aw  =  a  6,  then  the  center  of  pressure  of 
the  wing-body  or  wing-alone  lift  is 

(Xcp)wB  =(Xcp)w  =  A-H(l/36)|aw|(B-A)+(l/5400)a2w(A-B)  (13) 

Equation  (13)  is  the  methodology  used  for  the  roll  position  of  0  deg.  For  the  roll  position  of 
45  deg,  an  equation  for  a  center  of  pressure  shift  was  derived  from  Reference  71  to  accoimt  for 
the  difference  in  load  on  the  windward  and  leeward  planes.  This  shift  is  added  to  Equation  (13) 
for  the  roll  position  of  ^>  =  45  deg  and  is 

(aXcp)wb  +Cj)](cj/2-Cj/3^cos<l)^sin(2a)(0.8a/65);a<65deg  (14A) 

= -0.8{r+[b/(cr  -i-c,)](c,  /2-Ct  /3|cos<l)^sin(2a);a  >  65 deg  (14B) 

Equations  (14a)  and  (14b)  contain  a  correction  to  the  original  center  of  pressure  shift 
derived  in  Reference  46.  This  change  is  the  square  of  the  cos  3>  term  in  Equation  (14),  whereas 
in  Reference  46  the  cos  (^>)  term  was  to  the  first  power.  The  reason  for  the  square  is  the  fact  that 
the  cos  (3>)  term  does  two  things.  First,  it  rotates  the  normal  force  to  a  plane  normal  to  the  body 
axis  as  opposed  to  being  normal  to  the  wing.  Second,  the  cos  (^>)  term  rotates  the  radius  vector 
to  the  lateral  center  of  pressure  of  the  wing  from  the  roll  position  to  the  horizontal  plane. 
Reference  46  omitted  this  last  rotation,  causing  a  slightly  more  forward  center  of  pressure  shift  at 
roll  than  was  warranted. 

As  already  mentioned,  one  of  the  keys  to  the  Reference  59  method  was  the  development 
of  the  wing-alone  normal-force  coefficient  tables  for  values  of  ttw  of  15,  35,  and  60  deg.  The 
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NASA/MDAC’°  wing-alone  data  base  had,  in  principle,  a  couple  of  advantages  over  the 
databases  used  to  develop  the  wing-alone  tables  at  a  =  15, 35,  and  60  deg  used  in  the  wing-alone 
prediction  methodology  of  the  AP98  (Reference  59).  First  of  all,  the  Reference  70  data  base 
measured  wing-alone  data  for  the  a  =  0-90  deg  and  from  Moo  =  0.6  to  4.0.  The  data  bases 
comprising  the  tables  in  Reference  59  consisted  of  several  different  sets  of  data  (see 
References  84, 85,  and  86)  to  cover  the  Mach  number  range  of  interest.  In  some  cases,  data  from 
References  84,  85,  and  86  was  available  only  to  60-deg  AOA,  and  in  some  data  bases  the  data 
tended  to  give  a  stall  effect  at  higher  AOA,  rendering  it  unusable.  On  the  other  hand,  data  from 
Reference  70  was  more  limited  in  wing  planforms  considered  than  in  some  of  the  other  data 
bases  (References  84, 85,  and  86). 

As  a  result  of  the  new  data  base  from  Reference  70,  it  was  decided  to  compare  the 
Reference  70  data  base  to  the  AP98  tables  as  well  as  the  Reference  84  data,  which  the  author  still 
believes  is  the  best  wing-alone  data  base  available.  Comparisons  were  made  as  a  function  of 
AOA,  aspect  ratio,  Mach  number,  and  taper  ratio.  Figures  15  and  16  compare  the  results  of  the 
Reference  84  data  base  and  the  recent  NASA/MDAC’°  data  base  at  Mach  numbers  of  1.6  and 
4.0,  respectively,  for  fins  7  and  8  of  Reference  70.  Fin  7  is  of  aspect  ratio  1.0  with  taper  ratio  0, 
and  has  a  semispan  of  1.5  inches,  whereas  fin  8  is  of  aspect  ratio  2,  taper  ratio  0,  and  semispan 
3.0  inches.  Figures  15  and  16  also  show  the  results  from  the  AP98  method  and  revisions  to  the 
wing-alone  tables  to  be  incorporated  in  the  AP02.  Several  points  are  worthy  of  note.  First,  at 
both  M»  =1.6  and  4.0,  the  Reference  70  and  84  data  are  in  excellent  agreement  for  fin  8  up  to 
AOA  of 40-45  deg.  Above  a  =  45  deg,  the  Reference  70  data  stalls.  Also,  the  Reference  70  data 
is  consistently  about  1 0  percent  lower  than  die  Reference  84  data  for  fin  7  at  Mo.  =  1 .6  and  4.0.  It 
is  theorized  that  because  the  Reference  70  data  were  taken  with  a  splitter  plate  and  Reference  84 
with  a  sting,  the  differences  in  the  data  are  due  to  the  measurement.  It  is  suspected  that  for  the 
lower  semispan,  boundary-layer  buildup  ahead  of  the  fin  on  the  splitter  plate  is  the  source  of  the 
10  percent  lower  value  of  of  Reference  70  data  compared  to  Reference  84.  In  other  words, 

for  small-span  wings,  the  lower  dynamic  pressure  due  to  the  boundary  layer  near  the  root  chord 
has  more  of  an  effect  than  for  the  larger-span  wings.  This  effect  is  magnified  for  small  taper 
ratios  because  the  wing  cross-sectional  area  is  the  largest  at  the  root  chord.  It  is  not  known  why 
the  flow  stalls  above  about  45  deg  for  the  splitter  plate  results.  However,  this  stall  effect  was  the 
case  for  most  of  the  Reference  70  results.  As  a  result  of  these  two  phenomena,  it  was  decided  to 
use  considerable  judgement  before  using  any  of  the  Reference  70  results  for  the  1.5-inch 
semispan  or  for  any  span  above  a  =  45  deg.  The  final  point  to  be  made  in  viewing  Figures  15 
and  16  is  that  the  revised  values  of  ,  which  will  be  incorporated  into  the  AP02,  are  closer  to 

the  Reference  84  data  than  the  AP98.  The  AP98  had  intentionally  increased  the  values  of 

to  somewhat  account  for  the  Reference  84  data  having  been  taken  on  fairly  thick  wings  to 
accommodate  many  pressure  taps.  It  was  theorized  that  these  thick  wings  would  unrealistically 
lower  .  The  revised  data  decreases  this  thickness  penalty  and  is,  therefore,  much  closer  to 

the  Reference  84  data.  Other  values  of  revised  wing-alone  normal-force  coefficients  are  given  in 
Table  4. 
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FIGURE  15.  COMPARISON  OF  NASA/MDAC™  WING-ALONE  DATABASE  TO 
THAT  OF  REFERENCE  84  (M.  =  1.6) 
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FIGURE  16. 


THAT  OF  REFERENCE  84  (M.  =  4.0) 


2.3.3  Refinements  for  Wing-Body  and  Body-Wing  Interference  Factor  Nonlinearities  Due  to 

Angle  of  Attack 

This  part  of  the  report  considers  refinements  in  the  empirical  factors  used  to  model  the 
nonlinearities  in  the  wing-body  and  body-wing  interference  factors  due  to  AO  A.  Also,  the  focus 
here  will  be  on  the  roll  orientation  of  ^>  =  0  deg  (fins  in  plus  +  roll  orientation).  The  $  =  0  deg 
roll  emphasis  is  driven  by  the  Reference  70  data  base  only  having  =  0  deg  data  available. 
However,  when  changes  are  made  in  the  empirical  constants  for  $  =  0  deg,  changes  in  the 
=  45  deg  roll  will  also  be  considered.  To  better  understand  the  interfo-ence  lift  components,  it 
is  instractive  to  examine  Equation  (5). 

The  first  term  in  Equation  (5)  is  the  normal-force  of  the  body-alone,  including  the  linear 
and  nonlinear  components;  the  second  term  is  the  contribution  of  the  wing  (or  canard),  including 
interference  effects  and  control  deflection;  the  third  term  is  the  contribution  of  the  tail,  including 
interference  effects  and  control  deflection;  and  the  last  terms  are  the  negative  downwash  effect 
on  tile  tail  or  body  due  to  wing-shed  or  body-shed  vortices.  The  K’s  represent  the  interference  of 
the  configuration  with  respect  to  AOA,  and  the  k’s  rqiresent  the  interference  with  respect  to 
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TABLE  4A.  VALUES  OF  (Cm  ) 

'  /a=i5' 


ASPECT 

RATIO 

TAPER 

RATIO 

MACH  NUMBER 

0 

0.6 

0.8 

1.0 

1.2 

1.6 

2.0 

3.0 

4.5 

^6.0 

sO.l 

.18 

.18 

.18 

.225 

.24 

.24 

.21 

mm 

.14 

.11 

.19 

.19 

.19 

.225 

.21 

mm 

.14 

.11 

1.0 

.19 

.19 

.19 

.225 

.24 

.24 

.21 

.17 

■■ 

■■ 

0.5 

0.0 

.28 

.29 

.30 

.32 

.32 

.32 

.30 

.24 

— 

.45 

.38 

.30 

.22 

.19 

.34 

.34 

.36 

.42 

.42 

.43 

.37 

.30 

.22 

.19 

.43 

.46 

.50 

.54 

.46 

.42 

.32 

.22 

.18 

.47 

.55 

.65 

.66 

.45 

.34 

.24 

.21 

.46 

.48 

.52 

.58 

.60 

.54 

.45 

.35 

.26 

.22 

0.0 

.55 

.59 

.65 

.72 

.70 

.62 

.50 

.34 

.27 

.23 

0.5 

.66 

.76 

.80 

.68 

.54 

.40 

.30 

■BM 

1.0 

.65 

.66 

.71 

.75 

.80 

.67 

.54 

.40 

.29 

WjBjMk 

p 

A! 

.65 

.66 

.71 

.79 

.83 

.70 

.59 

.39 

.31 

.26 

0.5 

.69 

.71 

.75 

.88 

.91 

.75 

.69 

.45 

.32 

.29 

1.0 

.69 

.71 

.75 

.88 

.91 

.75 

.67 

.45 

.31 

.29 

control  deflection.  Each  of  these  interference  factors  is  estimated  by  slender  body  or  linear 
theory.  As  such,  they  are  independent  of  AOA. 

The  terms  considered  for  refinements  in  this  section  of  the  report  are  Kw(B),  Kb(W),  Kt(b), 
and  Kb(T)-  These  four  interference  factors  are  defined  in  the  general  form 

K  =  KsBT+AK(M^,a,  AR,X)  (15) 

LT 

The  first  term  of  Equation  (15)  is  defined  by  linear  theory  or  slender  body  theory;  the  second 
term  is  defined  by  utilizing  several  large  wind  tunnel  data  bases  to  back  out  the  nonlinearities  as 
a  function  of  Mach  number,  AOA,  aspect  ratio,  and  taper  ratio.  The  general  nonlinear  trend  of 
those  two  interference  terms  is  shown  in  Figure  17.  This  general  trend  is  basically  the  same  for 
both  the  =  0  and  <I>  =  45  deg  roll  orientations.  However,  the  five  tables  of  data  that  define  the 
empirical  constants  in  the  equations  of  Figure  17  are  different  for  ^>  =  0  and  ^  =  45  deg  for  both 
Kw(B)  and  Kb(w)-  As  already  discussed,  for  cruciform  missiles,  SET  gives  no  roll  independence 
for  low  AOA  values  of  Kw(b)  and  Kb(W)- 

As  seen  in  Figure  17,  Kw(B)  in  general  can  deviate  slightly  from  SET  or  LT  near  AOA  of 
0  deg.  It  then  decreases  until  it  reaches  a  minimum  value  and  then  approaches  a  value  of  1.0  at 
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TABLE  4B.  VALUES  OF 


ASPECT 

TAPER 

MACH  NUMBER 

RATIO 

RATIO 

0 

0.6 

0.8 

1.0 

1.2 

1.6 

2.0 

3.0 

4.5 

^6.0 

0.0 

1.13 

1.13 

1.13 

1.03 

.92 

.76 

.65 

.59 

<0.1 

0.5 

.97 

■i 

1.0 

.95 

.86 

.75 

.69 

.60 

.56 

1.0 

.97 

.8 

.74 

.65 

.62 

0.0 

1.10 

1.1 

.95 

.85 

.72 

0.5 

0.5 

1.10 

1.13 

1.16 

1.28 

1.25 

1.12 

.95 

.80 

.72 

.70 

1.0 

1.06 

1.08 

1.13 

1.0 

.82 

.70 

.68 

0.0 

1.23 

1.23 

1.24 

1.25 

1.19 

1.10 

.99 

.82 

1.26 

.75 

1.0 

1.22 

1.24 

1.26 

1.08 

.90 

.78 

.74 

0.0 

.99 

1.20 

1.28 

1.05 

.90 

2.0 

0.5 

1.00 

1.07 

1.18 

1.18 

.98 

.84 

.80 

1.0 

.98 

1.05 

1.17 

1.23 

1.13 

.97 

.85 

.80 

0.0 

.97 

1.05 

1.17 

1.20 

1-33 

1.20 

1.10 

.95 

.82 

.78 

^4.0 

0.5 

1.03 

1.08 

1.22 

1.22 

1.02 

.89 

.85 

1.0 

1.03 

1.09 

1.21 

1.3 

1.3 

1.22 

1.02 

.89 

.85 

TABLE  4C.  VALUES  OF 


ASPECT 

RATIO 

TAPER 

RATIO 

MACH  NUMBER 

0 

0.6 

0.8 

1.0 

1.2 

1.6 

2.2 

3.0 

4.5 

^6.0 

1.11 

1.15 

1.26 

1.45 

1.4 

1.35 

1.3 

1.34 

1.35 

1.4 

1.45 

1.52 

1.56 

1.39 

1.36 

1.29 

1.30 

1.32 

1.37 

1.0 

1.44 

1.46 

1.49 

1.53 

1.57 

1.44 

0.5 

1.40 

1.42 

1.45 

1.53 

1.59 

1.48 

1.33 

1.34 

1.35 

1.44 

1.62 

1.72 

1.58 

1.47 

2.0 

1.32 

1.33 

1.36 

1.48 

1.59 

1.74 

1.68 

1.47 

1.38 

1.35 

1.31 

1.37 

1.48 

1.63 

1.8 

1.46 

1.43 

1.48 

1.46 

1.43 

^4.0 

0.0 

1.27 

1.28 

1.37 

1.50 

1.64 

1.80 

1.70 

1.49 

1.4 

1.37 

0.5 

1.31 

1.32 

1.40 

1.5 

1.64 

1.8 

1.77 

1.56 

1.5 

1.46 

1.0 

1.31 

IBI 

1.5 

1.64 

1.78 

1.75 

1.55 

1.48 

1.45 
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a(deg) 

FIGURE  17B.  GENERIC  REPRESENTATION  OF  Kb(w)  WITH  AOA 


high  AOA.  On  the  other  hand,  Kb(w)  can  either  increase  or  decrease  past  AOA  of  0  deg. 
Eventually,  it  also  decreases  until  it  reaches  some  minimum  value  at  high  AOA.  The  physics  of 
what  occurs  in  this  nonlinear  behavior  and  the  details  of  the  interference  factor  nonlinearities  are 
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given  in  References  39  and  46.  For  ease  of  reference  for  the  reader,  a  brief  discussion  of  the 
physics  of  the  flow  that  underlies  Figure  17  is  provided. 

In  examining  the  nonlinear  models  for  Kw(b)  and  Kb(W)  of  Figure  17,  it  is  instructive  to 
try  to  correlate  the  mathematical  models  with  the  physics  of  the  flow.  The  wing-body 
interference  factor  is  somewhat  easier  to  understand  than  the  body-wing  interference.  The  wing- 
body  experimental  data  show  that  at  low  Mach  number,  SET  slightly  underpredicts  the 
experimental  data.  As  AOA  is  increased,  Kw(B)  starts  decreasing  and  in  some  cases  decreases 
below  its  wing-alone  value.  As  AOA  increases,  Kw(B)  approaches  its  wing-alone  value.  As 
Mach  number  increases,  the  positive  interference  lift  on  the  wing,  caused  by  the  presence  of  the 
body,  is  lost  faster  and  faster  as  AOA  increases.  That  is,  the  wing-alone  solution  is  recovered 
much  faster  at  high  Mach  number  as  AOA  increases,  than  at  low  Mach  number.  This  is  believed 
to  be  the  result  of  the  Newtonian  Impact  mechanism  where,  at  high  Mach  number,  the 
momentum  of  the  air  particle  is  lost  almost  entirely  upon  direct  impact  on  a  surface  as  opposed 
to  wrapping  around  the  surface  and  carrying  some  of  the  momentum  with  it,  as  at  low  Mach 
numbers. 

The  Kb(w)  model  contains  body  vortex  effects,  nose-  and  wing-to-wing  shock  effects,  as 
well  as  the  usual  added  dynamic  pressure  of  the  body  caused  by  the  presence  of  the  wing.  While 
some  of  the  trends  in  Figure  17  can  be  rationalized,  others  cannot  except  in  light  of  these 
combination  effects.  The  alternative  to  simultaneously  modeling  several  physical  phenomena  is 
to  try  to  estimate  the  effects  of  the  body  vortices  and  nose-  and  wing-shock  interactions  and 
subtract  them  from  the  experimental  data  for  the  configuration  tested  and  then  add  them  back  in 
analytically  for  anotiier  configuration  of  interest.  This  process  not  only  complicates  the 
methodology,  but  adds  additional  inherent  errors  because  these  effects  cannot  be  easily  and 
accurately  estimated.  The  present  approach  neglects  some  of  the  scale  effects  caused  by  the 
position  of  the  wing  on  the  body.  However,  this  error  is  probably  smaller  than  the  results  of 
analytically  approximating  die  other  effects,  subtracting  them,  and  then  adding  them  again  for  a 
different  geometrical  configuration. 

In  general,  Kb(w)  actually  increases  with  AOA  at  low  Mach  numbers  to  a  certain  point, 
where  it  starts  decreasing  analogous  to  Kw(b)-  However,  a  certain  amount  of  lift  or  force 
enhancement  is  gained  all  the  way  to  a  =  90  deg  for  low  Mach  numbers  as  shown  in  Figure  17. 
This  phenomenon  is  assumed  to  occur  all  the  way  to  M  =  6.0  based  on  extrapolated  data  from  the 
point  where  experimental  data  end,  which  is  AOA  of  25  to  40  deg  depending  on  Mach  number, 
to  a  =  90  deg  shown  in  Figure  17. 

Additional  higher  AOA  data  above  a  =  40  deg  is  needed  for  both  Kw(b)  and  Kb(w)  to 
modify  the  assumed  extrapolations  of  the  models  for  Kw(B)  and  Kb{w)  at  high  AOA.  However, 
imtil  additional  data  are  available,  the  approximate  nonlinear  models  for  Kw(b)  and  Kb(W)  can  be 
used  to  estimate  aerodynamics  for  engineering  use.  This  statement  will  be  validated  for  a  limited 
set  of  flight  conditions  in  a  later  section. 

The  way  the  nonlinearities  are  treated  for  the  second  term  of  Equation  (15)  is  by  using 
five  tables  for  AKw(b)  and  five  tables  for  AKb(w)  •  Also,  these  tables  are  different  for  ^>  =  0  and 
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45  deg  roll  orientation.  These  tables  define  the  parameters  shown  in  Figure  17.  The  definition 
of  these  10  parameters  is  as  follows: 


[AKw(B)]a=0 

ac 

^W(B) 


da 

ttD 

OCm 

[AKB(W)]a=0 


dK 


B(W) 


da 

OCl 

0.2 

[Kb(W)]mIN 


=  difference  between  SBT  and  data  at  a  =  0 
=  angle  of  attack  where  Kw(B)  starts  decreasing 

=  rate  of  decrease  of  Kw(b)  between  a  =  ac  and  a  =  ao 

=  angle  of  attack  where  Kw(B)  reaches  an  initial  minimum 
=  angle  of  attack  where  Kw(b)  reaches  a  constant  value 
=  difference  between  SBT/LT  and  data  at  a  =  0 

=  rate  of  change  of  Kb(W)  between  a=  0  and  a  =  ai 

=  angle  of  attack  where  dKB(w)/da  changes  sign 
=  angle  of  attack  where  Kb(W)  reaches  a  constant 

=  constant  value  of  Kb(W)  above  a  =  a2  as  a  percent  of  linear  theory  or  slender 
body  theory 


The  mathematical  models  for  Kw(B)  and  Kb(w)  are  once  again  defined  based  on  SBT/LT 
and  the  empirical  data  for  the  constants  previously  defined.  The  specific  equations  for  Kw(B)  are 


^W(B)  “[Kw(B)]sbt  ■*'[^^w(b)]<,=o’ 


(16A) 


[^w(b)]sbt  '*'[^w(B)]„=o  (H  *^c)1  ^  ;  a^  <  a  <  a^ 


(16B) 


=  1- 


(16C) 


^W(B)  j  Cl  >  CCm  (16D) 

The  specific  mathematical  model  for  Kb(W)  is  given  by  Equations  (17A)  through  (17C). 
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For  a  ^  tti, 


^B(W)  ~  [^B(W)]lT^  ■^[^^B(W)]a=0  ’’’I®''! 


dK 


B(W) 


da 


For  tti  <  a  ^  a2, 


Kb(w)  -  [Kb(w)L_  +  -  a, 


(17A) 


(17B) 


For  a  >  a2, 


Kb{w)  “[^b(w)Jmin  (1”7C) 

Tables  5  dirough  14  give  the  revised  set  of  values  for  the  10  empirical  constants  of 
Figure  17  for  the  O  =  0  deg  roll  orientation  and  Tables  15  through  25  give  values  of  these  same 
constants  for  O  =  45  deg  roll. 

The  revised  values  of  the  empirical  constants  in  Tables  5  through  25  were  derived 
primarily  based  on  comparing  the  AP98  (including  the  revisions  of  Sections  2.1  and  2.2  of  this 
report)  to  the  wing-body  data  base  of  Reference  70.  The  empirical  constants  were  then  adjusted 
on  a  case-by-case  basis  to  improve  the  overall  predictions  of  theory  to  data.  Some  tables  were 
hardly  changed  from  those  of  Reference  59.  Other  tables,  such  as  Tables  1 1  and  22,  were 
significantly  changed. 


TABLE  5.  DATA  FOR  [AKw(B)]a=o  AT  4>  =  0  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

iO.l 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

H 

H 

s5.0 

^0.25 

0, 0.5, 1.0 

0 

.25 

.25 

0 

0 

0 

0 

0 

0.5 

0.5 

.05 

.05 

.05 

.05 

0 

0 

0 

0 

0 

1.0 

0.5 

.25 

.15 

.05 

0 

0 

0 

0 

0 

0 

0 

0 

^2.0 

0.5 

.20 

.1 

0 

0 

0 

0 

0 

0 

0 

0 

0 

.35 

.2 

0 

0 

0 

0 

1.0 

0 

.35 

.16 

0 

0 

0 

0 

0 

mm 

^2.0 

0 

.10 

0 

■i 

0.5 

1.0 

.05 

.05 

.05 

.05 

0 

0 

0 

1.0 

1.0 

.25 

.15 

0 

0 

0 

0 

0 

0 

0 

s2.0 

1.0 

.20 

.1 

0 

.10 

0 

0 

0 

0 
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TABLE  6.  DATA  FOR  ttc  (deg)  AT  «>  =  0  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

^0.1 

1.2 

2.5 

3.0 

3.5 

■ 

£5.0 

^0.25 

0, 0.5,  1.0 

30.0 

22.0 

10.0 

0 

0 

0 

0 

0 

0 

0 

0.5 

0.5 

30.0 

10.0 

0 

0 

0 

0 

0 

0 

1.0 

0.5 

30.0 

20.0 

15.0 

10.0 

0 

0 

0 

0 

0 

0 

0 

£2.0 

0.5 

20.0 

15.0 

10.0 

15.0 

0 

0 

0 

0 

0 

0 

0 

0.5 

0 

20.0 

12.0 

10.0 

10.0 

0 

0 

1.0 

0 

40.0 

20.0 

15.0 

10.0 

0 

0 

0 

0 

10.0 

20.0 

15.0 

15.0 

0 

0 

0 

0 

0 

0 

0.5 

1.0 

30.0 

0 

0 

0 

0 

0 

1.0 

1.0 

30.0 

IS 

10.0 

0 

0 

0 

0 

0 

0 

£2.0 

1.0 

10.0 

ISI 

15.0 

0 

0 

0 

0 

0 

TABLE?.  DATA  FOR  [Kw(B)L^  AT«>  =  0DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

sO.l 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

3.5 

4.5 

£5.0 

^0.25 

0, 0.5, 1.0 

1,0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

0.5 

0.5 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

.95 

1.0 

.97 

1.0 

1.0 

1.0 

0.5 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

^2.0 

0.5 

1.0 

1.0 

1.0 

moi 

1.0 

1.0 

1.0 

1.0 

mmi 

1.0 

1.0 

0.5 

0 

1.0 

1.0 

1.0 

1.05 

.90 

.90 

.90 

m^m 

.90 

1.0 

0 

1.0 

1.0 

1.0 

.95 

1.0 

1.0 

1.0 

1.0 

£2.0 

0 

1.0 

.95 

1.0 

mm 

1.0 

1.0 

1.0 

1.0 

1.0 

0.5 

1.0 

1.0 

II^QI 

1.05 

1.15 

1.13 

1.15 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

£2.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

.93 

.95 

1.0 
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TABLE  8.  DATA  FOR  (deg)  AT  O  =  0  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

^0.1 

0.6 

0.8 

1.2 

1.5 

3.0 

■ 

^5.0 

EH 

80.0 

40.0 

38.0 

35.0 

35.0 

35.0 

30.0 

25.0 

20.0 

15.0 

15.0 

0.5 

0.5 

70.0 

33.0 

31.4 

27.5 

30.0 

lEI 

15.0 

15.0 

14.0 

1.0 

0.5 

60.0 

32.5 

44.0 

22.0 

20.0 

22.5 

17.5 

18.0 

15.0 

s2.0 

45.0 

35.0 

44.0 

16.5 

17.0 

16.0 

10.0 

12.0 

15.0 

0.5 

0 

70.0 

30.0 

30.0 

21.2 

25.0 

15.0 

14.0 

15.0 

11.5 

1.0 

0 

65.0 

31.0 

39.0 

20.0 

18.0 

21.5 

16.0 

17.0 

11.0 

13.0 

13.0 

s2.0 

0 

50.0 

35.0 

35.0 

30.0 

25.0 

20.0 

17.7 

17.0 

12.0 

12.6 

11.5 

34.2 

26.0 

30.0 

14.2 

17.0 

13.4 

11.8 

12.2 

11.5 

1.0 

1.0 

60.0 

33.0 

40.0 

21.0 

20.0 

22.0 

17.0 

16.0 

9.0 

14.0 

12.0 

^2.0 

35.0 

40.0 

25.0 

18.0 

15.0 

15.5 

12.0 

12.6 

11.5 

TABLE  9.  DATA  FOR  aw  (deg)  AT  $  =  0  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

sO.l 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

H 

25.0 

:£0.25 

0, 0.5, 1.0 

80.0 

45.0 

45.0 

38.0 

50.0 

46.0 

50.0 

50.0 

46.0 

0.5 

0.5 

80.0 

33.0 

31.4 

17.0 

40.0 

17.0 

40.0 

15.0 

14.0 

1.0 

0.5 

80.0 

33.0 

45.0 

45.0 

50.0 

50.0 

50.0 

36.0 

17.0 

s2.0 

0.5 

80.0 

43.0 

45.0 

45.0 

50.0 

50.0 

50.0 

36.0 

33.0 

17.0 

17.0 

0.5 

0 

80.0 

30.0 

30.0 

40.0 

50.0 

50.0 

50.0 

50.0 

50.0 

1.0 

0 

80.0 

31.0 

40.0 

50.0 

42.0 

50.0 

50.0 

50.0 

44.0 

40.0 

40.0 

22.0 

0 

80.0 

43.0 

45.0 

45.0 

50.0 

50.0 

50.0 

50.0 

50.0 

50.0 

35.0 

0.5 

1.0 

80.0 

33.0 

34.2 

50.0 

31.0 

50.0 

50.0 

50.0 

50.0 

50.0 

50.0 

1.0 

1.0 

80.0 

33.0 

40.0 

50.0 

42.0 

50.0 

50.0 

50.0 

44.0 

40.0 

40.0 

22.0 

1.0 

80.0 

43.0 

45.0 

45.0 

25.0 

18.0 

15.0 

36.0 

33.0 

37.0 

30.0 
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TABLE  10.  DATA  FOR  [AKb(w)]o-o  AT  =  0  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

:£0.1 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

3.5 

4.5 

£5.0 

iO.25 

0, 0.5, 1.0 

0.0 

mQiii 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.5 

0.5 

0.0 

-.15 

.16 

IQ 

0.0 

0.0 

0.0 

0.0 

0.0 

1.0 

0.5 

0.0 

-.20 

.15 

.15 

0.0 

0.0 

0.0 

0.0 

0.0 

^2.0 

0.5 

0.0 

-.20 

-.07 

.1 

.18 

.10 

0.0 

0.0 

0.0 

0.0 

0.0 

0.5 

0 

0.0 

.28 

.08 

0.0 

0.0 

0.0 

0.0 

1.0 

-.25 

.05 

0.0 

0.0 

0.0 

0.0 

0.0 

-.20 

0.0 

.17 

0.0 

0.0 

0.0 

0.0 

0.0 

0.5 

1.0 

0.0 

-.28 

-.15 

.13 

.15 

.10 

0.0 

0.0 

1.0 

1.0 

0.0 

-.20 

-.20 

.22 

.10 

.05 

0.0 

0.0 

0.0 

0.0 

0.0 

^2.0 

1.0 

0.0 

-.20 

-.07 

.17 

.20 

.10 

.15 

0.0 

0.0 

0.0 

0.0 

TABLE  1 1 .  DATA  FOR  dKB(w/da  (per  deg)  AT  O  =  0  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

^0.1 

0.6 

0.8 

1.2 

1.5 

2.5 

3.5 

H 

^5.0 

^0.25 

0,0.5, 

1.0 

0.0 

0.0 

0.0 

0.0 

0.0 

0.0 

-.006 

-.008 

-.010 

-.020 

-.024 

0.5 

0.5 

.003 

.023 

.023 

-.009 

-.018 

-.020 

-.015 

-.014 

-.015 

-.016 

-.020 

0.5 

.003 

.012 

.006 

-.014 

-.015 

0.5 

.003 

.006 

0.0 

0.0 

-.014 

-.015 

0.5 

0 

.003 

.035 

.028 

0.0 

0.0 

0.0 

-.004 

-.014 

-.015 

-.016 

-.020 

0 

.003 

.020 

.0225 

-.013 

-.020 

-.020 

QQIIH 

0 

.003 

.008 

.006 

0.0 

0.0 

-.012 

0.5 

1.0 

.003 

-.003 

-.010 

-.020 

-.015 

-.014 

-.015 

-.016 

-.020 

1.0 

1.0 

.003 

.007 

.005 

-.0075 

-.014 

-.016 

-.015 

-.016 

-.016 

-.020 

-.020 

^2.0 

1.0 

.003 

.006 

0.0 

0.0 

0.0 

-.008 

-.012 

-.014 

-.015 

-.016 

-.020 
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TABLE  12.  DATA  FOR  a,  (deg)  AT  =  0  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

<0.1 

0.6 

0.8 

2.0 

2.5 

3.0 

H 

s5.0 

£0.25 

0,0.5, 1.0 

15.0 

21.1 

16.5 

45.0 

37.0 

30.0 

23.3 

20.5 

0.5 

0.5 

30.0 

22.2 

16.7 

62.0 

43.0 

40.0 

25.0 

25.0 

1.0 

0.5 

30.0 

25.0 

20.0 

70.0 

20.0 

0.00 

10.0 

10.0 

10.0 

10.0 

10.0 

s2.0 

0.5 

30.0 

20.0 

20.0 

40.0 

30.0 

30.0 

30.0 

24.0 

0.5 

0 

20.0 

20.0 

10.0 

27.0 

20.0 

20.0 

1.0 

0 

20.0 

70.0 

20.0 

0.00 

10.0 

10.0 

10.0 

10.0 

10.0 

s2.0 

0 

30.0 

25.0 

20.0 

40.0 

30.0 

30.0 

30.0 

32.0 

30.0 

20.0 

20.0 

1.0 

48.5 

43.0 

40.0 

25.0 

26.5 

21.6 

20.0 

20.0 

1.0 

1.0 

30.0 

25.0 

20.0 

70.0 

20.0 

0.00 

10.0 

10.0 

10.0 

10.0 

10.0 

s2.0 

1.0 

30.0 

20.0 

40.0 

40.0 

48.0 

47.0 

32.0 

26.0 

20.0 

26.0 

26.0 

TABLE  13.  DATA  FOR  aj  (deg)  AT  $  =  0  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

£0.1 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

3.5 

H 

25.0 

£0.25 

0, 0.5, 1.0 

90.0 

63.4 

60.0 

55.0 

52.5 

40.0 

0.5 

0.5 

90.0 

75.0 

65.0 

62.0 

43.0 

41.0 

42.5 

25.0 

1.0 

0.5 

90.0 

80.0 

40.0 

50.0 

40.0 

30.0 

30.0 

30.0 

30.0 

s2.0 

0.5 

90.0 

75.0 

75.0 

80.0 

90.0 

40.0 

40.0 

40.0 

0.5 

0 

90.0 

75.0 

75.0 

80.0 

49.0 

47.8 

42.5 

43.0 

26.5 

40.0 

40.0 

1.0 

0 

90.0 

75.0 

75.0 

80.0 

40.0 

30.0 

30.0 

30.0 

22.0 

0 

90.0 

75.0 

75.0 

80.0 

90.0 

90.0 

41.0 

40.0 

40.0 

43.0 

43.0 

53.2 

48.7 

43.0 

41.0 

42.5 

26.5 

43.5 

40.0 

1.0 

1.0 

72.0 

40.0 

40.0 

30.0 

22.0 

1.0 

90.0 

75.0 

75.0 

80.0 

90.0 

90.0 

45.0 

30.0 

40.0 

43.0 

43.0 
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TABLE  14.  DATA  FOR  [Kb(W)]min  AS  A  FRACTION 
OF  SLENDER  BODY  THEORY  AT  $  =  0  DEG 


M. 

[K.B(W)]m1K 

0 

0.5 

3.8 

0.5 

4.9 

0.25 

6.0 

0 

TABLE  15.  DATA  FOR  [Kw(B)]a=o  AT  $  =  45  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

^0.1 

0.6 

0.8 

1.2 

1.5 

2.0 

3.5 

■ 

^0.25 

0, 0.5, 1.0 

0.00 

0.00 

0.00 

0.00 

0.00 

0 

0 

0 

0 

0 

0 

0.5 

0.5 

0.00 

0.00 

l^lll 

0.00 

0 

0 

0 

0 

0 

1.0 

0.5 

0.10 

0.00 

-0.10 

0 

0 

0 

0 

s2.0 

0.5 

0.10 

0.00 

0.00 

0 

0 

0 

0 

0 

0.5 

0 

0.00 

0.00 

0.00 

0 

0 

0 

■i 

0 

^2.0 

0 

0.00 

-0.18 

0 

0 

m^^jj 

0 

0.5 

0.00 

0.00 

0 

0 

0 

0 

■■ 

0 

s2.0 

0.00 

0.00 

0.00 

0.00 

0 

0 

0 

0 

0 

0 

1.0 

0 

0.35 

QQII 

0.05 

0.00 

D 

0 

0 

0 

0 

0 

1.0 

1.0 

0.10 

D 

0 

0 

0 
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TABLE  16.  DATA  FOR  ttc  AT  «>  =  45  DEG 


MACHNLIMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

^0.1 

0.6 

0.8 

1.2 

1.5 

2.0 

3.0 

H 

^5.0 

iO.25 

0, 0.5, 1.0 

0.0 

22.0 

22.0 

0.0 

0.0 

0 

0 

0 

0 

0 

0 

0.5 

0.5 

15.0 

11.5 

11.0 

10.0 

0.0 

0 

0 

0 

0 

0 

1.0 

0.5 

15.0 

13.3 

0.0  , 

6.5 

0.0 

0 

0 

0 

0 

0 

0 

s2.0 

0.5 

10.0 

10.0 

0.0 

6.5 

2.2 

0 

0 

0 

0 

0 

0 

0.5 

0 

30.0 

15.0 

11.5 

10.0 

0.0 

0 

0 

0 

0 

0 

0 

^2.0 

0 

10.0 

10.0 

0.0 

6.5 

0.0 

0 

0 

0 

0 

0 

0 

0.5 

1.0 

15.0 

11.0 

11.0 

10.0 

0.0 

0 

0 

0 

0 

0 

i2.0 

1.0 

10.0 

6.5 

1.5 

0 

0 

0 

0 

0 

0 

40.0 

13.3 

0.0 

0 

0 

0 

0 

0 

0 

1.0 

1.0 

15.0 

13.3 

0.0 

6.5 

0.0 

0 

0 

0 

0 

0 

0 

TABLE  17.  DATA  FOR  [Kw(b)]„=„  AT  $  =  45  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

iO.l 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

3.5 

H 

26.0 

0, 0.5, 1.0 

1.0 

1.0 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

0.5 

0.5 

1.0 

1.0 

1.00 

1.00 

0.95 

1.00 

0.97 

1.00 

1.0 

1.0 

0.5 

1.0 

1.0 

1.00 

0.95 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.0 

^2.0 

1.0 

0.95 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.0 

0.5 

1.0 

1.0 

LOO 

1.00 

0.90 

0.90 

0.90 

0.90 

22.0 

0 

1.0 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.0 

0.5 

1.0 

1.0 

1.0 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.0 

1.0 

1.0 

1.00 

1.00 

1.00 

1.00 

0.90 

0.95 

1.0 

0 

1.0 

0.95 

1.00 

1.00 

1.00 

1.00 

1.00 

1.00 

1.0 

1.0 

1.0 

1.0 

1.0 

1.00 

0.95 

0.95 

0.95 

1.00 

1.00 

1.00 
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TABLE  18.  DATA  FOR  ap  AT  «>  =  45  DEG 


TABLE  19.  DATA  FOR  aw  AT  «>  =  45  DEG 
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TABLE  20.  DATA  FOR  [Kw(b)]„^„^  AT  O  =  45  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

sO.l 

1.2 

1.5 

2.5 

3.0 

3.5 

■ 

s6.0 

^0.25 

0, 0.5, 1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

0.5 

0.5 

0.85 

0.95 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

0.5 

0.85 

0.90 

1.0 

1.0 

1.0 

1.0 

1.0 

^2.0 

0.5 

0.85 

0.90 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

0.5 

0 

0.85 

0.95 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

^2.0 

0 

0.85 

0.95 

1.0 

1.0 

1.0 

1.0 

0.5 

1.0 

0.85 

0.95 

1.0 

noil 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

s2.0 

1.0 

0.85 

0.90 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

0 

0.90 

0.95 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

1.0 

0.85 

1.0 

1.0 

1.0 

1.0 

1.0 

TABLE  2 1 .  DATA  FOR  [AKB(w)]a=o  AT  «I>  =  45  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

B 

^6.0 

2  0.25 

0, 0.5,  1.0 

0.0 

0.0 

0.00 

0.00 

0.0 

0 

0 

0 

0 

0 

0 

0.5 

0.5 

0.0 

-0.12 

-0.10 

0.00 

0.0 

0 

0 

0 

1.0 

0.5 

0.0 

-0.07 

-0.25 

0.00 

0.0 

0 

0 

0 

0 

0 

0 

s2.0 

0.5 

0.00 

0.0 

0 

0 

0 

0 

0 

0 

0.5 

0 

0.0 

-0.12 

0.00 

0.00 

0.0 

0 

0 

0 

0 

-0.18 

0.00 

0.0 

0 

0 

0 

0 

0 

0 

0.5 

1.0 

0.00 

0.0 

wm 

0 

0 

0 

s2.0 

1.0 

0.00 

0.0 

0 

0 

IIQIIII 

0 

0 

0 

1.0 

0 

-0.25 

0.00 

0.0 

0 

0 

0 

0 

0 

0 

1.0 

1.0 

0.0 

-0.07 

-0.25 

0.00 

0.0 

0 

0 

0 

0 

0 

0 
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>6.0 

o 

VO 

o 

O 

»n 

VO 

o 

VO 

o 

m 

VO 

o 

VO 

O 

in 

VO 

o 

CN 

O 

CN 

o 

o 

t 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

Tt 

o 

o 

VO 

o 

CM 

O 

CN 

VO 

o 

o 

VO 

o 

CN 

VO 

O 

o 

VO 

O 

CN 

VO 

o 

CN 

o 

CN 

O 

o 

1 

d 

1 

d 

I 

d 

1 

d 

1 

d 

I 

d 

1 

d 

1 

d 

1 

d 

1 

W-) 

o 

o 

o 

CN 

VO 

CN 

o 

o 

VO 

o 

o 

in 

o 

o 

VO 

o 

o 

VO 

O 

o 

VO 

o 

CN 

O 

CN 

O 

rn 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

I 

d 

1 

d 

I 

d 

1 

d 

1 

q 

v-i 

cs 

o 

o 

m 

m 

O 

CN 

o 

tT 

in 

O 

o 

s 

in 

o 

o 

o 

'ii- 

m 

o 

CN 

O 

CN 

O 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

CM 

CM 

O 

»n 

m 

o 

CN 

O 

O 

in 

m 

O 

m 

'ii* 

o 

m 

r- 

CN 

in 

-id* 

o 

CN 

O 

CN 

O 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

I 

d 

1 

d 

I 

d 

1 

d 

1 

Pi 

w 

2.0 

-0.022 

-0.047 

-0.020 

ooeoo- 

-0.053 

ooeoo- 

_ 

-0.040 

-0.0300 

CN 

O 

d 

1 

-0.02 

CO 

S 

o 

(N 

CN 

S 

o 

CN 

O 

CN 

O 

O 

o 

CN 

o 

CN 

m 

o 

CN 

O 

CN 

O 

CN 

O 

d 

d 

d 

d 

1 

d 

d 

1 

d 

d 

1 

d 

1 

d 

1 

1 

1 

1 

1 

1 

u 

< 

fS 

in 

rvi 

o 

o 

m 

o 

CN 

O 

o 

^n 

o 

0\ 

m 

o 

o 

in 

O 

o 

m 

O 

o 

in 

o 

CN 

o 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

1 

d 

i 

o 

1 

o 

o 

-0.024 

o 

in 

-0.027 

in 

-0.025 

m 

80 

<N 

O 

d 

1 

o 

o 

d 

o 

o 

d 

o 

o 

d 

o 

o 

d 

00 

00 

0.6 

r- 

tn 

tn 

o 

q 

9000 

o 

o 

o 

o 

o 

R 

VO 

O 

o 

o 

CN 

O 

d 

o 

r- 

VO 

O 

o 

9000 

o 

r- 

VO 

O 

o 

O 

d 

00 

o 

t 

1 

d 

d 

1 

d 

1 

d 

o 

VI 

o 

m 

o 

o 

d 

1 

VO 

O 

O 

d 

I 

-0.0030 

o 

m 

o 

o 

d 

-0.0020 

o 

m 

O 

o 

d 

in 

o 

o 

d 

o 

cn 

o 

o 

d 

m 

o 

o 

o 

m 

O 

o 

d 

1 

o 

■ 

“g 

Pu  H 

•n 

■ 

<  < 

O 

in 

'n 

in 

o 

o 

H 

cT 

d 

d 

d 

o 

o 

o 

bI 

H 

■ 

O  O 
w  ^ 

»n 

■ 

a.  H 

fS 

q 

o 

q 

d 

<n 

o 

CN 

in 

CN 

«n 

CN 

o 

<  a 

VI 

d 

Al 

d 

Al 

d 

A! 

B 
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TABLE  23.  DATA  FOR  a,  (DEG)  AT  «>  =  45  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

sO.l 

0.6 

0.8 

1.2 

1.5 

2.0 

3.0 

3.5 

H 

>6.0 

0, 0.5, 1.0 

10.0 

15.0 

15.0 

15.0 

10.0 

10.0 

10.0 

10.0 

10.0 

0.5 

0.5 

10.0 

57.0. 

20.0 

23.0 

23.0 

15.0 

20.0 

15.0 

10.0 

10.0 

10.0 

1.0 

0.5 

10.0 

10.0 

20.0 

25.0 

30.0 

30.0 

15.0 

17.5 

15.0 

15.0 

15.0 

s2.0 

0.5 

10.0 

15.0 

15.0 

15.0 

10.0 

10.0 

10.0 

12.0 

10.0 

10.0 

10.0 

0.5 

0 

10.0 

24.0 

33.0 

23.0 

19.0 

20.0 

22.5 

15.0 

10.0 

10.0 

10.0 

^2.0 

0 

10.0 

15.0 

10.0 

10.0 

0.5 

1.0 

10.0 

62.0 

24.0 

25.0 

15.0 

15.0 

15.0 

10.0 

10.0 

10.0 

12.0 

10.0 

10.0 

10.0 

1.0 

0 

10.0 

10.0 

30.0 

30.0 

15.0 

17.5 

15.0 

15.0 

15.0 

1.0 

1.0 

10.0 

30.0 

30.0 

15.0 

17.5 

15.0 

TABLE  24.  DATA  FOR  ttz  (DEG)  AT  $  =  45  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

iO.l 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

3.5 

4.5 

>6.0 

sO.25 

0,  0.5, 1.0 

35.0 

45.0 

40.0 

0.5 

0.5 

75.0 

65.0 

55.0 

43.0 

40.0 

38.0 

44.0 

44.0 

36.0 

30.0 

20.0 

1.0 

0.5 

75.0 

30.0 

60.0 

60.0 

80.0 

80.0 

80.0 

>2.0 

0.5 

75.0 

30.0 

30.0 

60.0 

62.0 

80.0 

42.0 

45.0 

45.0 

0.5 

0 

75.0 

60.0 

50.0 

52.0 

40.0 

35.0 

44.0 

50.0 

36.0 

30.0 

20.0 

>2.0 

0 

75.0 

30.0 

30.0 

60.0 

62.0 

80.0 

42.0 

45.0 

45.0 

0.5 

1.0 

75.0 

65.0 

55.0 

42.0 

40.0 

38.0 

36.0 

30.0 

20.0 

>2.0 

1.0 

75.0 

65.0 

30.0 

60.0 

62.0 

80.0 

42.0 

45.0 

45.0 

nQHIIIIB 

0 

75.0 

50.0 

30.0 

30.0 

60.0 

60.0 

62.0 

80.0 

80.0 

80.0 

80.0 

1.0 

1.0 

75.0 

35.0 

30.0 

30.0 

60.0 

60.0 

80.0 

80.0 

80.0 
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TABLE  25.  DATA  FOR  [Kb(W)]min  (FRACTION  OF  SBT/LT)  AT  4>  =  45  DEG 


MACH  NUMBER 

ASPECT 

RATIO 

TAPER 

RATIO 

sO.l 

0.6 

0.8 

1.2 

1.5 

2.0 

2.5 

3.0 

3.5 

4.5 

2  6.0 

iO.25 

0,  0.5,  1.0 

0.25 

0.25 

0.12 

0.12 

0.12 

0.5 

0.5 

0.25 

0.25 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0 

1.0 

0.25 

0.25 

0.12 

0.12 

0.12 

0 

^2.0 

0.5 

0.25 

0.25 

0.25 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0.5 

0 

0.25 

0.25 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0 

^2.0 

0 

0.25 

0.25 

0.25 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0.5 

1.0 

0.25 

0.25 

0.25 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0 

^2.0 

1.0 

0.25 

0.25 

0.25 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0.12 

0 

2.3.4  Wing-Body  and  Body-Wing  Interference  Due  to  Control  Deflection 

Reference  71  used  a  more  recent  wind  tunnel  data  base  informally  proyided  by  Jerry 
Allen  of  NASA/LARC  to  improye  upon  the  nonlinear  constants  used  for  the  wing-alone,  body- 
alone  and  wing-body  interference  factors  due  to  AOA.  Neither  interference  factors  due  to 
control  deflection,  nor  the  wing-tail  interference  model,  were  considered  in  Reference  71 
refinements.  Those  factors  are  not  considered  because  the  informal  data  from  NASA/LARC  was 
for  an  undeflected  wing-body  configxxration  with  no  tail  present. 

More  recently,  some  other  xmpublished  wind  tunnel  data  has  been  proyided  to  the  author 
from  Steye  Malyeyac  of  the  Nayal  Surface  Warfare  Center  at  Dahlgren,  Virginia.  The  new  data 
provided  by  Mr.  Malyevac  contained  control  deflection  data  and  more  importantly,  the 
configuration  had  canards  and  tails.  Also,  data  was  ayailable  in  the  Mach  range  0.5  to  1.2,  in 
addition  to  the  supersonic  region  up  to  Mach  3.0. 

The  subsonic  and  transonic  data  was  particularly  useful  since  when  the  author  originally 
defined  the  wing-tail  interference  model,'*^  data  was  ayailable  primarily  at  M<»  =  2,  3,  and  4,** 
with  only  one  data  point  at  M  =  1.1.®^  As  a  result  of  this  scarcity  of  subsonic  and  transonic 
wing-tail  interference  data,  many  engineering  guesses  and  extrapolations  were  made^^  in  the 
deyelopment  of  the  nonlinear  wing-tail  interference  model.  Also,  since  the  wing-body 
interference  model  due  to  control  deflection  was  deyeloped,^^’'*^  additional  wind  tunnel  data 
reports  haye  become  ayailable. 

The  purpose  of  this  section  and  the  next  section  of  the  report  is  to  refine  upon  the  wing- 
body  interference  factors  for  control  deflection  and  the  wing-tail  interference  methodology. 
These  refinements  will  be  based  on  the  informal  wind  tunnel  data  base  proyided  by  Mr. 
Malyeyac  and  additional  yalidations  completed  based  on  other  wind  tunnel  data  reports. 
Therefore,  these  next  two  sections  will  serve  as  formal  documentation  for  changes  made  to  the 
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wing-body  interference  methodology  due  to  control  deflection  and  the  wing-tail  interference 
methodology. 

The  nonlinear  form  of  the  wing-body  and  body-wing  interference  due  to  control 
deflection  was  defined  in  References  39  and  46  by 


-  Cj(M)[k^(B)]gg^  -i-C2(|aw|,M) 

(18) 

b(w)  =  C3  (M,|a^|)[kB(w)]sBT 

(19) 

The  parameters  Ci,  C2,  and  C3  of  Equations  (18)  and  (19)  were  derived  based  on  numerical 
experiments  of  the  AP95^^  and  AP98^^  compared  to  data.  References  39  and  46  used  the  above 
approach  of  numerical  experiments  because  many  of  the  fins  in  the  data  base  upon  which  the 
nonlinear  coefficients  for  wing-body  interference  due  to  AOA  were  derived  were  small.  The 
small  fin  size  made  it  difficult  to  get  accurate  measurements  of  the  nonlinear  interference  terms 
represented  by  Equations  (18)  and  (19).  By  using  total  force  and  moment  data  from  data  bases  to 
estimate  the  nonlinear  variation  of  kw(B)  and  kB(w)  with  Mach  number  and  total  AOA,  one  can 
estimate  the  combined  effect  of  Equations  (18)  and  (19)  reasonably  well.  However,  one  cannot 
break  down  the  physical  effects  easily  between  Equations  (18)  and  (19). 

Refinements  to  the  constants  Ci,  C2,  and  C3  of  Equations  (18)  and  (19)  were  made  more 
recently  based  on  additional  numerical  experiments  with  existing  data  bases  as  well  as  numerical 
experiments  with  new  data  bases.  Tables  26  and  27  give  the  revised  semiempirical  nonlinear 
control  deflection  models  for  the  roll  positions  of  =  0  and  45  deg,  respectively. 

In  examining  the  constants  and  model  of  Table  26,  several  physical  phenomena  occur 
that  are  modeled  in  a  semiempirical  sense  by  Equations  (18)  and  (19).  These  phenomena  are 
qualitatively  shown  in  Figure  18 A.  At  low  Mach  number.  Figure  18A  indicates  the  SBT  gives  a 
low  value  of  kw(B)  for  small  values  of  aw-  At  a  value  of  aw  of  about  40  deg,  the  controls  lose 
effectiveness  as  a  result  of  a  combination  of  stall  and  blow-by  effects  due  to  the  separation 
between  the  wing  and  body.  At  an  aw  of  about  70  deg,  the  controls  have  lost  most  effectiveness. 
At  Mach  numbers  greater  than  about  4,  the  controls  initially  generate  less  effectiveness  than  is 
generated  by  SBT  for  values  of  aw  up  to  about  10  to  40  deg.  The  controls  then  become  more 
effective  because  of  nonlinear  compressibility  effects.  On  the  other  hand,  at  an  aw  of  around  45 
to  50  deg,  the  controls  once  again  begin  to  lose  effectiveness,  presumably  because  of  shock 
interactions  and  blow-by  effects.  For  Mach  numbers  in  between  subsonic  and  high  supersonic, 
kw(B)  has  behavior  in  between  the  two  extremes  illustrated  in  Table  26. 

A  lot  of  similarity  is  seen  when  comparing  the  nonlinear  control  deflection  models  for 
0=0  and  45  deg  roll  in  Tables  26  and  27.  The  constants  for  the  O  =  45  deg  are  slightly 
different  than  those  for  O  =  0  deg  and  flie  values  of  aw  where  the  nonlinearities  begin  are 
somewhat  different.  However,  by  and  large.  Equation  (18)  holds  for  both  the  O  =  0  and  45  deg 
roll  cases.  It  should  be  pointed  out  that  in  Reference  30,  mostly  linear  variations  of  kw(B)  with 
aw  were  used.  However,  these  were  improved  upon  for  the  ^>  =  45  deg  case  with  cubic  fits  of 
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FIGURE  18 A.  QUALITATIVE  TREND  OF  WING-BODY  INTERFERENCE  DUE 
TO  CONTROL  DEFLECTION  AS  FUNCTION  OF  M.,  aw 


FIGURE  18B.  QUALITATIVE  TREND  QF  BQDY-WING  INTERFERENCE  DUE 
TO  CONTROL  DEFLECTION  AS  FUNCTION  OF  aw 
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TABLE  26.  SEMIEMPIRICAL  NONLINEAR  CONTROL  DEFLECTION  MODEL  (0  =  0  DEG) 


MACH  NUMBER 

NONLINEAR  MODEL 

M.  ^  0.8 

If  law  1  ^  40.0  -*  kw(B)  =1-1  [kw(B)]sBT 

If  |awj  ^  40.0  kw(B)  ~  2.04  “  jaw|/40 

If  1  ttw  1  2^  80.0  kw(B)  ”  0.04 

M,=  I.l 

If  jttwl  ^  15.0  -  kw(B)  =  [kw(B)]sBT 

If  |aw|  >  15.0  -*  kw(B)  “  1.15  “  0.9  |aw|/65 

If  1  ttw  1  ^  80.0  kw(B)  ~  0.04 

II 

8 

If  [ttwl  ^  10.0  -  kw(B)  =  [kw(B)]sBT 

If  |aw|  >  10.0  kw(B)=  [kw(B)]sBT  ”  0.005  (|aw|  “  10.0) 

If  |aw|  ^  70.0  -  kw(B)  =  0.64  -  0.6  (|aw|  -  70.0)/35;  [kw(B)]min  =  0.04 

M.  =  2.0 

If  |aw|  ^  10.0  kw(B)  =  0.9  [kw(B)]sBT 

If  |aw|  >  10.0  kw(B)  =  0.9  [kw(B)]sBT  “  0.003  (|aw|  ■“  10.0) 

If  |aw|  ^  70.0  -  kw(B)  =  0.67  -  0.63  ([ttwl  70.0)/35;  [kw{B)]iiun  =  0.04 

M.  =  2.35, 2.87 

If  1  awl  ^  40.0  -  kw(B)  =  0.9  [kw(B)]sBT 

If  1  aw|  >  40.0  -  kw(B)  =  0.9  [kwoaJsBi  +  0.005  (| awl  *“  40.0) 

If  lawl  >  70.0  -  kw(B)  =  1 ' 0.96  (|aw|  -  70.0)/35 

M.  =  3.95 

If  |aw|  ^  20.0  kw(B)  =  0.8  [kw(B)]sBT 

If  |aw|  >  20.0  "♦  kw(B)  =  0.8  [kw(B)]sBT  +  0.007  (|aw|  ”  20.0) 

If  |aw|  >  70.0  -  kw(B)  =  1.1  ”  1.06  (|aw|  -  70.0)/35 

If  1  awl  ^  20.0  kw<B)  =  0.75  [kw(B)]sBT 

If  |ctw|  >  20.0  kw(B)  =  0.75  [kw(B)]sBT  +  0.013  (|aw|  ■’  20.0) 

If  |aw|  >70.0- kw(B)=  1.36-  1.32  (|aw|  -  70.0)/35 

0  ^  M»  ^  oo 

kfiov)  =  [kB(W)]sBT  for  |ccwl  ^70  deg 

kw(B)  =  [kB(W)]sBT  +  [1  “  (l^wl  ”  70)/20];  70 <  |awl  < 90 
kw(B)  =  0 for  [awl  >  90 deg 
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TABLE  27.  SEMffiMPIRICAL  NONLINEAR  CONTROL  DEFLECTION  MODEL  ($  =  45  DEG) 


MACHNLHVIBER 

NONLINEAR  MODEL 

M„  ^  0.8 

If  law  1  ^  40.0  kw(B)  =1-1  [kw(B)]sBT 

If  |aw|  >  40,0  kw(B)  “  2.04  -  |aw|/40 

If  [  aw  1  ^  80.0  kw(B)  ~  0.04 

M.=  l.l 

If  1  awl  ^  15.0  ^  kw(B)  =  [kw(B)]sBT 

If  |awi  >  15.0  -  kw(B)  =  1.15  -  0.9  |aw|/65 
[kw(B)]min  =  0.04 

M.  =  1.5 

If  |aw|  ^  35.0  -  kw(B)  =  0.95  [kw(B)]sBT 

If  jaw]  >  35.0  -  kw(B)  =  [-  (8.06  x  10'®)  (|aw|  -  35.0)^  +  0.002  (|aw|  -  35.0)^ 

-  0.0295  (|aw|  -  35.0)  +  0.94]  [kwwlsBT 

If  law  1  >  55.0  -  kw(B)  =  0.48  -  0.44  (| aw |  -  55.0)/35.0 

If  1  aw  1  >  90.0  kw(B)  —  0.04 

II 

o 

If  1  awl  ^  32.5  kw(B)  =  0.95  [kw(B)]sBT 

If  |aw|  >  32.5  -  kw(B)  =  [(-0.000008  (|aw|  -  32.5)^  -  0.00091  (|aw|  -  32.5)^ 

+  0.01  (I awl  -  32.5) +  0.95]  [kw(B)]sBT 

If  |aw|  >  55.0  -  kw(B)  =  0.59  -  0.55  (|aw|  -  55.0)/35.0 

If  1  aw  1  >  90.0  kw(B)  “  0.04 

M.  =  2.35 

If  jttwl  ^  30.0  kw(B)  =  0.95  [kw(B)]sBT 

If  lawl  >  30-0  -  kw(B)  =  [0.000043  (|aw|  -  30.0)^  -  0.0029  ([awl  -  30.0)^ 

+  0.039  (|aw|  -  30.0)  +  0.9]  [kw(B)]sBT 

If  |aw|  >  40.0  -  kw(B)  =  0.90  -  0.86  (|aw|  -  78.0)738.0 

If  1  aw  1  >  78.0  "*  kw(B)  ~  0.04 

M.  =  2.87 

If  1  awl  ^  50.0  kw(B)  =  0.9  [kw(B)]sBT 

If  30  <  law h  50.0  -  kw(B)  =  [0.000065  (|aw|  -  30.0)^  -  0.004  (|aw|  -  30.0)^ 

+  0.057  (|aw|  -  30.0) +  0.9]  [kw(B)]sBT 

If  lawl  >  50.0  -  kw(B)  =  0.91  -  0.87  (lawl  -  50.0)728.0 

If  jawl  >  78.0  kw(B)  “  0.04 

M„  =  3.95 

If  1  awl  ^  35.0  -*  kw(B)  =  0.88  [kw(B)]sBT 

If  35  <  lawl  ^  48.0  -  kw(B)  =  [“  0.000088  (lawl  -  35.0)^  +  0.00017  (law|  -  35.0)^ 

+  0.016  (lawl  -  35.0)  +  0.88]  [kw(B)]sBT 

If48<  |aw|  ^  80.0 -kw(B)  =  0.82 -0.78  (lawl  -  48.0)732.0 

If  1  aw  1  >  80.0  kw(B)  =  0.04 

■ 

If  1  awl  s  35.0  -  kw(B)  =  0.83  [kw(B)]sBT 

If35  <  |aw|  ^  50.0  -  kw(B)  =  [0.000047  (|aw|  -  35.0)^  -  0.0046  (|  aw  |  -  35.0)^ 

+  0.074  (lawl  -  35.0)  +  0.83]  [kw(B)]sBT 

If50<  |aw|  s  77.0-  kw(B)=  1.06  -  1.02  (|  aw  |  -  50.0)/27.0 

If  1  aw  1  ^  77.0  —  kw(B)  ~  0.04 

0  ^  Mcc  ~ 

kfiov)  =  [kB(W)]sBT  0.75  [kB(w)]sBT  for  16wl  ^  30 

30.0 

kw(B)  =  0.25  [kB(w)]sBT  for  16wl  >30 

kB(W)  =  0.25  [kB(w)]sBT  [1  “  (|otw|  “  50)75]  for  lawl  >50 

kw(B)  ~  0  for  1  aw  1  >  55  deg 
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control  deflection  data  as  seen  in  Table  27.  As  such,  all  nonlinear  effects  are  included  in  the 
variations  of  kw(B)  as  a  function  of  Mach  number  and  |  a  +  6 1 . 

Figure  18B  assumes  that  kB(w)  can  be  represented  by  SBT  up  to  some  value  of  |aw|,  at 
which  point  it  decays  to  zero.  For  <I>  =  0  deg,  the  value  for  |  aw|  is  70  deg.  For  $  =  45  deg  roll, 
the  model  for  kB(w)  is  based  on  1 6 1  only  and  begins  decaying  at  1 6 1  =  0.  It  reaches  a  minimum 
kB(w)  of  25  percent  of  SBT  at  1 6 1  =30.  For  30  ^  1 6 1  ^50,  the  value  of  kB(W)  remains  constant. 
It  then  decays  to  zero  at  1 6w|  =  55  deg. 

It  should  also  be  noted  that  kw(B)  and  kB(W)  of  Table  27  are  multiplied  by  1.414  to  indicate 
that  all  four  fins  are  assumed  to  be  deflected  by  an  equal  amount  in  the  <>  =  45  deg  roll  position. 
Finally,  for  Mach  numbers  in  between  the  values  on  Table  26  and  27,  linear  interpolation  is  used. 


2.3.5  Nonlinear  Wing-Tail  Interference  Model 

The  nonlinear  wing-tail  interference  normal-force  component  is  defined  by 

[Kw(B)C^+Fkw(B)5w  ] 


'Nt(v) 


2^  (AR)x  (fw  “% )  a 


(sj -rj)[ii  cosO-i-i4  sind>]  (20) 


REF 


Each  of  the  normal-force  and  interference  terms  in  Equation  (20)  utilizes  the  complete  nonlinear 
form,^^’'^’^^  as  opposed  to  its  linear  theory  or  slender  body  representation.  Equation  (20)  can  also 
be  written  as 


Cnt(v)  “  [^Nt(v)]„  +t'NT(v)]6 
Reference  39  defined  the  first  term  of  Equation  (21)  for  ^>  =  0  as 

[cn.j(v)  =  a  -1-  Ba  -h  Ca^  -i-  Da^ 


(21) 


(22) 


where  the  constants  A,  B,  C,  and  D  are  functions  of  SBT  and  experimental  data  and  are  defined 
by 

A  =  0 


B  = 


C  = 


f  HP  ^ 


LV 


da 


ya=0  JsBT 


E, 


-B-Da^ 


a 


N 


_ E2  BotfsjOCp  +  B  oCp 

ttNal-apaN 
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The  parameters  in  the  constants  B,  C,  and  D  are  defined  as  follows: 
=  Value  from  Figure  19A 

ttp  =  (Value  from  Figure  19B)  x 

El  =  Value  from  Figure  19C 

E2  =  (Value  firom  Figure  19D)  x  ([cNT(v)]sBT)a=aF 

For  O  =  45  deg,  Reference  45  defined  the  term  as 


where  Gi  is  given  in  Figure  20.  The  modifications  to  the  parameters  ap,  Ei,  E2,  and  G  at  =  0 
and  =  45  deg  in  Figures  19  and  20,  as  a  result  of  the  recent  improvements,  are  indicated  as 
AP02.  The  AP98^^  indicates  the  values  of  these  parameters  prior  to  the  recent  refinements  in  the 
wing-tail  interference  model. 


Moo 

FIGURE  19A.  AOA  WHERE  WING-TAIL  INTERFERENCE  IS  NEGLIGIBLE 
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FIGURE  19D.  SLENDER  BODY  THEORY  PREDICTION  OF  WING-TAIL  INTERFERENCE  AT  AOA 
WHERE  [Cnt(v)]exp  REACHES  A  MAXIMUM  AS  A  FRACTION  OF  EXPERIMENTAL  DATA 


FIGURE  20.  WING-TAIL  INTERFERENCE  MODEL  FOR  NO  CONTROL  DEFLECTION  AT  =  45  DEG 
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Equations  (22)  and  (23)  define  the  first  term  of  Equation  (21).  In  addition  to 
Equations  (23)  and  (24),  an  upper  limit  on  the  amount  of  lift  loss  on  the  tail  will  remain  in  effect 
for  large  wing  areas  (i.e.  Aw/Aref  ^  5.5). 

The  value  of  Aw/Aref  of  5.5  corresponds  to  the  wing  area  ratio  in  Reference  2.  This  upper 
limit  is  defined  by  the  following  methodology: 

ForM^l.5 


C 


Nt(V) 


a 


c 


Nt 


=  1.0;a<5 


"Nt(v) 


^  =  1.0  -  0.04125  (a  -  5) ;  a  >  5 


'Nt 


For  1.5  <M^  2.5 


'Nt(v) 


^  =  0.9  -  0.025a;a<10 


'Nt 


(24A) 


=  0.65  -  0.0235  (a  - 10) ;  a  >  10 


For  M>  2.5 


(24B) 


C 


Nt(v) 


a 


c 


Nj 


0.8  -  0.025a 


(24C) 


where  a  is  AO  A  in  degrees.  Equation  (24  A)  says  that  at  a  =  0  deg,  the  maximum  lift  loss  on  the 
tail  due  to  AO  A  is  limited  to  100  percent  of  the  tail  lift,  regardless  of  the  size  of  the  wings.  The 
percent  lift  loss  then  decreases  linearly  with  AOA  as  defined  by  Equations  (24A)  -  (24C). 

Admittedly,  this  is  conservative  (overpredicts  )  for  values  of  Aw/Aref  <  5.5  and  is 

simply  a  judgement  based  on  numerical  experiments  for  values  of  Aw/Aref  >  5.5.  It  does 
accomplish  the  objective  of  making  the  wing-tail  interference  with  no  control  deflection  more 
closely  approximate  data  than  available  approaches.'^^ 

Before  moving  to  the  wing-tail  interference  methodology  for  the  second  term  of 
Equation  (21),  a  comment  would  be  valuable  on  the  Figure  19  results,  which  basically  compare 
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SET  to  data.  First  of  all,  it  is  clear  that  at  low  AOA,  SET  underpredicts  for  low  Mach 

number  and  overpredicts  it  at  high  Mach  number,  for  the  Reference  88  configuration.  The  point 
of  optimum  prediction  appears  to  be  around  Mach  2  (see  Figure  19C).  Second,  the  term 

decays  much  faster  at  high  AOA  than  does  SET.  This  is  increasingly  true  as  Mach  number 
increases.  This  again  highlights  the  Newtonian  Impact  assumptions  at  high  Mach  number  where 
any  vortices  in  the  leeward  plane  are  completely  dominated  by  the  dynamic  pressure  in  the 
windward  plane.  Figures  19A  and  19E  illustrate  this  fact,  showing  that  AOA  where  is 

negligible  gets  smaller  as  M„  increases;  also,  the  maximum  magnitude  as  a  percent  of  SET  gets 
smaller  with  increasing  M». 

To  define  the  second  term  of  Equation  (21),  the  wing-tail  interference  component  due  to 
a  wing  control  deflection,  a  parameter  “F’  has  been  defined.  This  parameter  “F’  is  used  to 
control  the  value  of  the  wing-tail  interference  resulting  from  a  control  deflection  of  the  forward 
lifting  surface.  “F”  was  determined  by  numerical  experiments  comparing  theory  to  data  for 
various  weapon  configurations  under  various  freestream  conditions.  Values  of  the  parameter  “F’ 
are  given  in  Tables  28  and  29  for  the  roll  positions  of  =  0  and  45  deg,  respectively.  Many  of 
the  values  for  “F’  in  Tables  28  and  29  are  substantially  different  than  those  used  in  the  AP98 
defined  in  References  46  and  59. 


TABLE  28.  EMPIRICAL  PARAMETER  “F’  USED  IN  WING-TAIL  INTERFERENCE  MODEL  ($  =  0  DEG) 


MACH  NUMBER 

PARAMETER  “F’ 

M«  ^  1.2 

It 

o 

bo 

M„=1.5 

If  1  awl  s  20.0- F  =  0.8 

If  1  ttwl  >  20.0  -  F  =  0.8  +  0.1  (1  awl  -  20.0) 

Fm«=L0 

M.  =  2,0 

If  |aw|  s  40.0 -F  =  0.8 

If  1  awl  >  40.0  -  F  =  0.8  +  0.01  (|awl  -  40.0) 

F„^=I.O 

M„  =  2.3 

If  1  awl  s40.0-F  =  0.8 

If  1  awl  >40.0- F  =  0.8 +  0.10  (|aw|  -40.0) 

F„,„  =  2.0 

M„  =  2.87 

If  1  awl  s  40.0 -F  =  0.9 

If  1  awl  >  40.0  -  F  =  0.9  +  0.12  (|aw|  -  40.0) 

F™ax  =  3.0 

M.  =  3.95 

If  1  awl  i  40.0- F  =  0.9 

If  1  awl  >  40.0  -  F  =  0.9  +  0.15  (|aw|  -  40.0) 

Fm„  =  4.0 

M«  ^  4.60 

If  1  awl  i  35.0 -F  =  0.9 

If  1  awl  >35.0- F  =  0.9  + 0.20(1  awl  -  35.0) 

F„,„  =  6.0 
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TABLE  29.  EMPIRICAL  PARAMETER  “F”  USED  IN  WING-TAIL  INTERFERENCE  MODEL  (0  =  45  DEG) 


MACH  NUMBER 

PARAMETER  “F” 

1.2 

II 

o 

M.  =  1.5 

If  |aw|  ^20.0-F  =  0.7 

If  |aw|  >  20.0  -  F  =  0.7  -  0.02  ([awl  -  20.0) 

F„.i„  =  0.2 

M„  =  2.0 

If  |aw|  s  20.0- F  =  0.75 

If  |aw|  >  20.0  -  F  =  0.75  -  0.015  (|aw|  -  20.0) 

Fmin  “  0.4 

M.  =  2.3 

If  |aw|  ^30.0- F  =  0.85 

If  |awl  >30.0- F  =  0.85 +0.01  (|aw|  -  30.0) 

Fmax  =1*0 

M.  =  2.87 

If  |aw|  :£40.0-F  =  0.7 

If  |aw|  >40.0- F  =  0.7 +  0.02  (|aw|  -40.0) 

Fmax=  LO 

M.  =  3.95 

If  |awl  ^25.0-F  =  0.7 

If  |aw|  >  25.0  -  F  =  0.7  +  0.02  (|aw|  -  25.0) 

Fmax  =  2.0 

M.  S:  4.0 

If  |aw|  2  30.0 -F=: 0.6 

If  |aw|  >  30.0  -  F  =  0.6  +  0.02  (|aw|  -  30.0) 

Fmax=  1.8 

In  examining  Tables  28  and  29,  it  is  seen  that  the  value  of  “F’  is  generally  less  than  one 
for  smaller  values  of  |  aw|  •  This  implies  the  wing-tail  interference  prediction  from  linear  theory 
and  SET  are  too  high.  However,  as  Mach  number  and  |aw|  increase,  the  value  of  “F”  increases 
for  both  the  =  0  and  45  deg  roll  positions.  It  is  postulated  that  this  increase  in  “F’  is  due  to  a 
combination  of  internal  shock  interactions  having  a  larger  impact  on  the  second  term  of 
Equation  (21)  than  linear  theory  predicts. 


2.3.6  Axial  Force  Coefficient  Due  to  Control  Deflection 

The  axial  force  coefficient  due  to  deflection  for  the  AP98^^  is  estimated  by 

(^A  )8vvr  ~  i^Nw(B)  ) 

(Ca)5t  ~  f  (M,  (Xt) 


(25) 

(26) 


57 


NSWCDD/TR-01/108 


where  f(M,  aw)  and  f(M,  ax)  are  1.0  when  a  and  6  are  of  the  same  sign  but  are  defined 
empirically  as  having  a  value  between  0  and  1.0  when  a  and  6  are  of  opposite  signs.  Reference 
56  gives  the  details  of  the  values  of  f(M,  aw)  or  f(M,  ax)  for  both  $  =  0  and  45  deg  roll  positions 
when  a  and  6  are  of  opposite  signs.  The  slightly  lower  revised  values  of  discussed  in 

Section  2.3.2  and  given  in  Reference  71,  had  an  adverse  impact  of  prediction  of  axial  force 
coefficient  at  higher  Mach  number  when  a  and  6  were  of  the  same  sign.  It  is  speculated  that  the 
AP98  had  compensating  errors  that  offset  one  another.  That  is,  increased  normal  force  when  a 
and  6  were  of  the  same  sign  was  compensated  for  by  an  f(M,  aw)  of  one,  when  actually  this 
value  of  f(M,  aw)  should  be  slightly  greater  than  one.  This  higher  value  of  f(M,  aw)  is  required 
due  to  the  internal  shock  interactions  that  become  stronger  as  Mach  number  and  AOA  increases. 

As  a  result  of  the  decrease  in  accuracy  of  axial  force  when  a  and  6  are  the  same  sign,  a 
new  table  of  f(M,  aw)  was  generated  to  partially  account  for  the  internal  shock  interaction 
physical  phenomena.  This  table  of  data  for  f(M,  aw)  when  a  and  6  are  of  the  same  sign  is  given 
in  Table  30.  For  values  of  Mach  number  or  aw  in  between  values  shown  in  Table  30,  linear 
interpolation  is  used. 

2.4  IMPROVED  PITCH  DAMPING  WITH  EMPHASIS  ON  CONFIGURATIONS  WITH  FLARES 

The  next  area  that  new  technology  has  been  added  to  the  AP98,  which  will  be  a  part  of 
the  AP02,  is  improvement  in  aerodynamics  of  flared  configurations,  particularly  the  pitch 
damping  derivative.  Figure  21  illustrates  the  typical  geometrical  parameters  associated  with  a 
flare.  The  two  most  important  parameters  are  the  flare  length  and  angle  (the  flare  angle  can  also 
be  expressed  in  terms  of  the  flare  base  to  forward  or  reference  diameter). 

The  problem  of  inaccurate  aerodynamic  predictions  for  flared  configurations  from  the 
APC  first  came  to  the  author’s  attention  a  couple  of  years  ago  in  the  form  of  pitch  damping 
moment  coefficient  predictions  for  a  flared  projectile  concept  at  a  AIAA  meeting.  The  increased 
interest  in  the  use  of  flares  for  stability  in  recent  years,  particularly  for  higher  Mach  numbers  (see 
References  90-92  for  example),  has  also  led  the  author  to  feel  that  improvements  in  the 
aerodynamic  predictions  of  flared  projectiles  were  needed. 

As  a  result  of  the  increased  interest  in  flared  projectiles  for  higher  Mach  number 
applications,  the  authors  decided  to  take  another  look  at  the  APC  to  determine  its  weak  areas 
with  respect  to  flared  shaped  projectiles.  Several  problem  areas  were  identified.  First  of  all,  for 
the  static  aerodynamics,  no  particular  attention  was  given  for  flared  projectiles  for  Moo  <  1 .2.  For 
Moo  >1.2,  low  AOA  aerodynamics  are  computed  by  theoretical  methods  such  as  Second-Order- 
VanDyke  (SOVD)  or  Second-Order-Shock-Expansion-Theory  (SOSET)  and  reasonable 
estimates  of  static  aerodynamics  (Ca,  Cn,  Xcp)  can  be  obtained  from  the  APC.  For  M*  <  1.2,  the 
capability  to  compute  static  aerodynamics  needs  to  be  incorporated  into  the  code. 
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TABLE  30.  VALUES  OF  EMPIRICAL  PARAMETER  f(M,  aw)  WHEN  a,  6  ARE  OF  SAME  SIGN 


M„ 

aw 

$  =  0  DEG 

$  =  45  DEG 

f(M,  aw) 

f(M,  aw) 

^1.5 

0-90  DEG 

1.0 

I.O 

2.87 

0-40  DEG 

1.0 

1.0 

2.87 

45 

1.03 

1.0 

2.87 

50 

1.11 

1.05 

2.87 

55 

1.15 

1.08 

2.87 

2:60 

1.13 

1.08 

^4.6 

0-30  DEG 

1.0 

1.0 

^4.6 

35 

1.09 

1.0 

^4.6 

40 

1.11 

1.04 

s=4.6 

45 

1.16 

1.06 

tA.6 

50 

1.15 

1.10 

^4.6 

55 

1.14 

1.12 

2:4.6 

k60  DEG 

1.13 

1.08 

The  second  problem  uncovered  in  the  APC  was  for  the  dynamic  derivative,  ,  or  pitch 

damping  moment  coefficient.  No  capability  exists  at  any  Mach  number  in  the  APC  for  pitch 
damping  moment  of  flared  projectile  shapes.  In  fact,  based  on  recent  CFD  calculations  of 
projectiles  without  a  flare,^^’  ^  it  was  found  that  the  pitch  damping  moment  of  configurations 
without  flares  needed  improvement  as  well.  Table  31  summarizes  the  problems  in  predicting 
aerodynamics  of  flared  projectile  shapes  using  the  AP98. 


TABLE  31.  AP98  WEAK  AREAS  IN  PREDICTING  AERODYNAMICS 
OF  FLARED  CONHGURATIONS 


a)  Ca,  Cn,  Xcp  not  available  for  M.  <  1 .2  for  flare 


b)  Body  alone  Cj^^  needs  improvement  for  M.  s  1.2  (no  flare) 


c)  No  pitch  damping  contribution  for  flare  in  AP98  at  any  M» 


Each  of  the  three  weak  areas  listed  in  Table  31  will  be  individually  discussed  in  this 
section  of  the  report.  The  discussion  will  be  in  terms  of  modifications  that  will  be  made  to  the 
AP98  to  allow  more  accurate  computations  of  aerodynamics  of  flared  projectiles.  These 
modifications  will  then  be  part  of  the  next  release  of  the  APC  which  will  be  the  AP02  in  2002. 
More  details  of  the  work  described  in  this  section  can  be  found  in  Reference  75. 
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2.4.1  Static  Aerodynamics  of  Flared  Projectiles 

The  wave  component  of  axial  force  for  configurations  with  small  flare  angles 
(6f  <15  deg)  can  be  calculated  approximately  with  the  perturbation  theory  of  Wu  and  Aoyoma^^ 
that  was  designed  for  boattails,  except  the  angle  is  reversed  in  sign.  There  was  a  sign  error  in  the 
AP98,  but  when  this  error  was  corrected,  approximate  estimates  of  wave  drag  for  M™  <  1 .2  could 
be  computed  from  the  Reference  95  method.  For  M*  <  0.9,  the  wave  drag  component  is 
assumed  to  be  zero.  Base  drag  and  skin-fnction  drag  were  already  being  computed  within  the 
accuracy  desired  using  the  AP98  so  no  changes  in  the  methodology  for  these  aerodynamic  terms 
were  made. 

The  normal  force  and  pitching  moment  coefficients  and  center  of  pressure  for  the  flares 
are  not  predicted  at  all  for  M®  <  1.2.  Furthermore,  numerical  methods  do  not  exist  in  the  AP98 
to  allow  calculations  of  Cn,  Cm  and  xcp  for  M®  <  1 .2.  Also,  as  will  be  discussed  later  in  the  pitch 
damping  computations  for  flares,  Cn,  Cm  and  xcp  for  a  flare  will  be  needed  at  all  Mach  numbers. 

To  compute  (c^^  and  (xcp)f,  one  of  several  options  are  available.  The  first  is  to  utilize 

the  available  values  in  the  APC.  Unfortunately,  these  values  are  only  available  for  M®  ^1.2 
where  pressures  are  computed  and  integrated  over  the  body  surface.  Also,  the  logic  of  the  APC 
is  such  that  this  would  require  considerable  changes  to  allow  these  calculations  to  be  performed 
and  brought  forward  into  another  subroutine.  The  second  option  would  be  to  exercise  the  APC 
twice,  once  with  a  flare  and  once  without  and  subtract  the  C^^^  ’s  and  C^j^  ’s  to  obtain  the  flare 

normal  force  coefficient  derivative  and  its  center  of  pressure.  Again,  this  is  not  a  very  desirable 
alternative  since  the  APC  must  be  exercised  twice  to  get  a  single  number.  A  third  option,  which 
appears  more  attractive,  is  to  exercise  the  APC  code  offline,  compute  values  of  (c^^  and 
(xcp)f  for  M®  ^  1 .2  and  store  these  in  a  table  lookup  as  a  function  of  geometric  and  fi’eestream 
parameters.  For  M®  <  1.2,  SBT  can  be  used  to  approximate  values  of  (Cj^^  and  (xcp)f.  The 
fourth  and  most  attractive  option  is  to  use  available  cone  tables’^  or  approximate  conical 
formulas  to  compute  (c^^  ,  use  SBT  to  approximate  the  center  of  pressure  of  the  flare  and 

(c  )f  ^  ^  include  these  parameters  in  a  table  lookup  as  a  function  of  geometry 

and  Mach  number.  This  last  option  can  be  used  since  we  are  assuming  the  flare  is  a  conical 
fhistrum  or  can  be  approximated  by  a  conical  frustrum.  The  last  option  is  the  one  that  will  be 
used  in  the  AP98  upgrade  as  it  has  the  advantage  of  being  at  least  as  accurate  as  current 
computations  in  the  APC  due  to  use  of  an  exact  cone  solution  fi-om  Reference  96.  Also,  this 
approach  offers  the  opportunity  to  obtain  results  in  a  straightforward  and  direct  way  from  the 
APC  as  opposed  to  more  costly  approaches  of  logic  change  in  the  APC  or  cycling  through  the 
APC  twice  to  obtain  results  for  the  flare  alone. 

The  Cjj^  results  for  the  total  cone  of  Reference  96  must  be  corrected  to  include  only  the 

fhistrum  portion  of  the  cone  and  also  put  in  the  appropriate  reference  area  format.  Referring  to 
Figure  2 1 ,  the  percent  of  conical  shape  that  is  a  flare  is: 
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A.  Cone-Cylinder-Flare  Configuration 


B.  Expanded  View  of  Flare 

FIGURE  2 1 .  TYPICAL  FLARE  CONHOURATION  WITH  THE  SIGNIFICANT 
GEOMETRICAL  PARAMETERS 


Now  the  value  of  obtained  from  Reference  96  is  based  on  the  cone  base  area.  Hence, 
Equation  (27)  must  be  multiplied  by  As/Ar  to  place  it  in  the  same  reference  area  as  other 
components  for  the  total  configuration  of  Figure  21.  Thus,  to  relate  the  value  of  the  from 

Reference  96  for  a  cone  of  given  angle  at  a  given  Mach  number  to  that  of  a  flare  we  have 
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(^N„\  -(^N„)c 


fr 

1-  ^ 

J 


(,  V 


or 


(Cn„  )f  -  (Cn„  )c 


(x  V 

> 


(28) 


Equation  (28)  is  valid  at  all  Mach  numbers  and  for  all  geometries.  However,  is 

available  from  Reference  96  for  conditions  where  the  flow  is  supersonic  and  the  shock  wave  is 
attached  to  the  conical  tip.  For  conditions  where  these  two  assumptions  are  not  met,  SET  will  be 
assumed  in  conjunction  with  interpolation.  SET  gives 


(CnJc=20 


(29) 


The  SET  value  of  (Cn^)^  will  be  assumed  for  M«,  0.8.  The  value  of  from 

Reference  96  can  be  used  for  low  AOA  calculations  of  most  reasonable  flares  down  to  M«  of 
about  1.2.  Linear  interpolation  between  SET  and  Reference  96  will  be  used  for  0.8  <  M„  <  1.2. 


In  examining  Equation  (28),  it  is  seen  that  the  for  a  flare  can  get  quite  large  if  the 

flare  is  long  or  if  the  flare  is  short  but  has  a  large  flare  angle.  This  is  why  use  of  a  flare  is  quite 
popular  at  higher  Mach  numbers,  where  the  for  a  fin  substantially  decreases  with  Mach 

number  increase. 

The  SET  center  of  pressure  for  a  cone  is  the  same  as  that  from  exact  theory.  The  center 
of  pressure  is  at  2/3  of  the  cone  length.  However,  for  a  conical  frastmm,  the  center  of  pressure  in 
general  will  vary  between  0.5  If  and  2/3  %,  depending  on  the  flare  angle.  For  flare  angles 
approaching  0,  the  value  of  (xcp)f  approaches  0.5  Cf  whereas  for  large  flare  angles,  (xcp)f 
approaches  2/3  {f.  Referring  to  Figure  21,  the  center  of  pressure  of  the  flare  using  SET  can  be 
shown  to  be’'^ 


2 

r  1  ^ 

3 

l-(r,/rB)^_ 

l-i^/rg 

(30) 


Results  of  Equation  (30)  are  computed  and  plotted  in  Figure  22  as  a  function  solely  of  the 
parameter  rr/rs.  As  seen  in  the  figure,  when  the  body  consists  of  a  cone  (rr  =  0),  then  the  center 
of  pressure  is  at  2/3  of  the  cone  or  flare  length  (which  are  one  and  the  same).  On  the  other  hand, 
when  the  flare  angle  goes  to  zero  so  that  Ti/tb  =  1.0,  the  center  of  pressure  goes  to  xcp/^f  =  0.5. 
For  most  typical  flare  lengths  and  angles,  xcp/%  will  vary  from  about  0.54  to  0.60. 
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Equation  (30)  results  can  be  changed  to  body  diameters  by  multiplying  Equation  (30)  by 
Vd  to  obtain: 


fx  ^ 
Xcp 

UJ 

(31) 


The  combination  of  Equations  (28)-(31)  give  the  and  xcp  for  flares  at  all  Mach  numbers. 
Cn  is  simply 


CN,=(CNj,a  (32) 

for  small  angles  of  attack.  Since  most  flare  configurations  are  designed  to  fly  at  small  angles  of 
attack.  Equations  (31)  and  (32)  determine  two  of  the  desired  static  aerodynamic  terms  for  a  flare. 
The  pitching  moment  coefficient  of  the  flare  about  some  reference  location  is  then 


^CP  ^CO 


'Nf 


(33) 
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2.4.2  Body  Alone  Pitch  Damping  Moment 

The  body  alone  dynamic  derivatives  are  all  computed  based  on  an  empirical  model 
developed  by  Whyte, called  “Spinner.”  The  version  that  is  incorporated  into  the  AP98  is 
basically  the  same  version  as  initially  included  in  the  APC  series  in  1977.  The  technology  of 
Reference  97  was  based  on  curve  fits  of  data  using  standard  spin  stabilized  rounds.  The  curve 
fits  have  key  parameters  of  length,  boattail  length,  and  Mach  number  for  the  dynamic  derivative 
predictions.  Magnus  force  and  moments  are  also  estimated  at  both  1  and  5  deg  AOA  to 
incorporate  some  nonlinearity  due  to  AOA  in  the  Magnus  moment.  The  data  bases  upon  which 
the  empirical  curve  fits  were  based  were  primarily  limited  to  about  5.5  calibers  and  Mach 
numbers  less  than  5.0  (newer  versions  of  Spinner  may  now  be  available  which  remove  these 
limits).  However,  length  was  considered  in  a  linear  sense  for  roll  damping  moment  and  one  of 
the  data  bases  had  length  as  a  parameter  for  pitch  damping  moments  as  well. 

Since  the  late  1960’s  and  early  1970’s,  the  Army  Research  Laboratory  (ARL)  at 
Aberdeen,  Maryland  has  developed  a  very  good  CFD  capability  to  compute  both  static  and 
dynamic  derivatives  of  projectiles,  with  and  without  flares.  References  90,  91,  93,  and  94  are 
some  of  the  reports  generated  by  ARL  using  CFD.  As  a  result  of  these  many  CFD  computations, 
and  comparison  to  data,  one  can  now  fine  tune  the  older  “Spinner”  Model^’  to  be  more 
representative  of  a  broader  class  of  configurations. 

In  comparing  the  AP98  (in  essence  the  “Spinner”  model)  predictions  of  pitch  damping 
moment  to  ballistic  range  data  and  CFD  predictions  of  References  90,  91,  93,  and  94,  it  became 
apparent  that  a  problem  existed.  The  Spinner  results  appeared  to  be  reasonable  for  M„  ^  1 .2  but 
overpredicted  C^^  "*■  Mach  number  increased.  The  higher  the  Mach  number,  the  worse 

the  predictions  became.  On  the  other  hand,  the  errors  followed  a  fairly  smooth  pattern,  allowing 
a  correction  to  be  derived  based  on  CFD  results  from  References  90,  91,  93,  and  94. 

The  modified  pitch  damping  moment  coefficient  for  bodies  without  a  flare  present  is 
therefore 


C 


Mq 


+  C 


Mn 


(34) 


where  (Cf,^^  +  Cj^^^  is  the  value  obtained  from  the  AP98^^  which  basically  uses  Reference  97. 

Fi  is  an  empirical  decay  factor  for  Mach  number  derived  using  the  AP98  and  References  90,  91, 
93,  and  94.  Here,  Fi  is  a  function  of  Mach  number  and  total  length  of  the  projectile  and  is 
defined  by  the  following  model. 
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a)  m  ^  5.0 

Fi=1.0  ;M„<1.2 

Fi  =0.0043Mi -0.151  M„ +1.175; 

1.2<M„  <  5.0 

Fi=0,53  ;M^>5.0 


(35) 


b)  ^/d  =  8 

Fi=1.0  ;M„<2.0 

Fi  =0.0031Mi-0.0884M+1.164; 

2.0  <M„  <  5.0 


Fi  =0.8 


;M„>5.0 


c)  5<<!/d<8 


Fi=F,(^/d  =  5)- 


/'^/d-5^ 


[Fi  (^/d  =  5)-Fi  (^/d  =  8)] 


(36) 


(37) 


d)  m  ^  12 

Fi=1.0  ;M^<2.0 

Fi  =0.0011Mi -0.1  IIM^ +1.178; 


2<M«  <  5.0 


(38) 


Fi=0.9 


;M„ 


>5.0 


e)  8<{/d<12 

r.^/d-8^ 


Fi  =Fi(^/d  =  8)- 


[Fi(^/d  =  8)-Fi(^/d  =  12)] 


V 


) 


4 


(39) 
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2.4.3  Pitch  Damping  Moment  of  Bodies  With  Flares 

A  typical  body  configuration  with  a  flare  present  is  shown  in  Figure  21.  As  already 
mentioned,  the  AP98  code  does  not  calculate  a  value  of  additional  pitch  damping  due  to  the 
presence  of  a  flare.  The  approximate  method  used  here  to  represent  the  flare  is  basically  to  use 
the  Reference  98  approach  where 


Equation  (40)  was  used  in  Reference  98  to  approximate  the  pitch  damping  moment  coefficient  of 
a  wing,  but  here  the  flare  replaces  the  wing  planform  area.  (Cj^^  of  Equation  (40)  is  defined 

by  Equation  (28).  (xcp)^ /d  of  Equation  (40)  is  defined  by  Equations  (30)  and  (31)  and 
Figure  22.  Finally,  since  Equation  (28)  already  includes  the  approximate  reference  areas. 
Equation  (40)  is  appropriate  as  it  stands.  Equation  (40)  only  includes  that  portion  of  the  flare 
area  external  to  the  cylindrical  part  of  the  body  (see  Equation  (27)).  This  is  because  the  body 
alone  pitch  damping  moment  discussed  earlier  already  includes  the  cylindrical  part  of  the 
afterbody. 


2.5  IMPROVED  POWER-ON  BASE  DRAG  PREDICTION  INCLUDING  BASE  BLEED 
EFFECTS 

The  approach  used  in  the  AP98  to  predict  the  effect  of  the  rocket  engine  burning  on  the 
base  drag  of  weapons  was  integrated  into  Ae  aeroprediction  code  in  the  late  1970’s  and  has  not 
been  upgraded  since  that  time.  The  method  utilized  was  basically  an  extension  of  the  Brazzel^^’^ 
technique.  The  Brazzel  technique  was  for  solid  rockets,  which  had  an  exit  Mach  number  of  1 .0 
or  greater.  It  required  knowledge  of  some  of  the  details  of  the  rocket  such  as  chamber  pressure, 
exit  area  to  nozzle  throat  area,  specific  heat  ratio  of  the  exit  gas,  and  location  of  the  nozzle  exit 
with  respect  to  the  base  of  the  missile  or  projectile.  This  approach  has  been  shown  to  give 
reasonable  estimates  of  power-on  base  drag  for  a  limited  range  of  flight  conditions  when  these 
parameters  (Pc/P~,  A/At,  Yj>  x/dr)  are  known. 


While  the  approach  by  Brazzel  has  its  strengths,  it  also  has  several  weaknesses  when 
approached  from  an  aerodynamics  viewpoint.  First,  it  was  limited  to  jet  momentum  flux  ratios 
(RMF)  of  about  2.5  or  less.  Many  of  tiie  world’s  rockets  have  values  of  this  parameter  much 
higher  and  therefore  the  method  of  Brazzel  needs  extending  to  higher  values  of  RMF.  This  was 
done  and  documented  in  Reference  66.  Another  problem  with  the  Brazzel  technique  from  an 
aerodynamicist’s  viewpoint  is  the  required  knowledge  of  the  engine  parameters.  These 
parameters  are  required  in  order  to  perform  conceptual  design  tradeoffs  of  various  rockets  for 
total  drag  when  the  engine  is  burning.  As  a  result  of  this  desire  for  conceptual  trade  studies 
where  some  account  of  engine-on  base  drag  is  considered,  other  simplified  procedures  are 
needed  for  base  drag  prediction.  This  report  will  address  two  other  options  to  calculate  power- 
on  base  drag.  Another  limitation  of  the  Brazzel  method  is  its  limitation  to  supersonic  flow  at  the 
nozzle  exit.  While  the  exit  supersonic  flow  requirement  is  not  a  severe  limitation  for  most  rocket 
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engines,  it  is  a  severe  limitation  for  projectile  configurations  that  use  base  bleed  for  base  drag 
reduction.  As  a  result  of  this  shortcoming,  a  method  developed  by  Danberg*°°  for  predicting 
base  drag  for  small  values  of  the  bleed  injection  parameter  (I)  will  be  made  more  general.  A 
final  limitation  of  the  Brazzel  method  is  that  it  was  derived  based  on  ffeestream  Mach  number 
data  of  1 .5  and  greater.  Therefore,  it  needs  to  be  extended  to  at  least  the  transonic  Mach  number 
regime. 


It  is  the  purpose  of  this  section  of  the  report  to  develop  the  methodology  to  overcome  the 
shortcomings  of  both  the  Brazzel  and  Danberg  methods  for  predicting  power-on  base  pressure 
coefficient.  The  modifications  to  the  Brazzel^’^  and  Danberg*®®  methods  will  be  incorporated 
into  the  aeroprediction  code  for  power-on  base  drag  prediction  and  be  a  part  of  the  next  release 
to  the  public,  which  will  be  in  2002  (AP02).  The  power-on  base  drag  modifications  will  also  be 
incorporated  into  the  personal  computer  interface  for  the  AP02  so  as  to  allow  the  various  power- 
on  options  to  be  considered  in  a  very  user  friendly  mode. 


2.5.1  Power-on  Base  Drag  for  M,  >1.0 

Since  the  power-on  base  drag  prediction  method  of  the  aeroprediction  code  is  based  on  an 
extension  of  the  method  of  Brazzel,  et  al,®®’®®  it  is  appropriate  to  briefly  summarize  Brazzel’s 
metiiod.  Figure  23  A  shows  the  nomenclature  that  is  used  for  the  rocket  engine  parameters.  The 
Brazzel  and  Henderson  method  defines  the  base  pressure  as 


|S-  =  0.047(5-M„)[2(xj /dB)+(xj /dB)^]+ 


f 


0.19+1.28 


RMF 

1+RMF 


3.5 


l+2.5(dB/d,)' 


(41) 


where  RMF  = 


Y  P  d-  M? 

jfj  f  j  Uj  iVl^ 

Y  P  d^  M^ 


(42) 


Y.+l 


Yi  “1  7 

1  +  -^^ - Mf 

2  J 


(43) 


Xj/de  is  the  distance  the  nozzle  exit  extends  past  the  base  in  calibers  and  RMF  is  the  jet 
momentum  flux  ratio. 

Brazzel’ s  method  was  built  around  two  fundamental  assumptions  that  he  was  able  to 
develop  based  on  analysis  of  experimental  data  for  jet  exit  Mach  numbers  1 .0  to  3.8.  The  first 
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de 


B.  A  Typical  Projectile  Base  Bleed  Configuration^ 

FIGURE  23.  NOMENCLATURE  FOR  POWER-ON  CONDITIONS  FOR 
ROCKETS  AND  BASE  BLEED  CONCEPTS 


assumption  is  fliat  freestream  Mach  number  and  nozzle  diameter  are  accounted  for  by  the 
momentum  flux  term  defined  by  Equation  (42).  The  second  assumption  was  that  jet  exit  Mach 
number  could  be  described  by  the  ratio  of  the  jet  static  temperature  for  a  given  jet  Mach  number 
to  that  at  a  jet  exit  Mach  number  of  1 .0.  This  relationship  is  defined  by  Equation  (43). 

In  reality,  the  Brazzel  method  was  geared  primarily  to  accoimting  for  base  drag  for 
sustainer  rocket  motors  that  typically  have  values  of  thrust  coefficient  of  0.2  to  about  3.0  and  fly 
supersonically.  However,  as  the  mass  flow  ratio  or  thrust  coefficient  get  large  or  the  fi'eestream 
Mach  number  is  transonic,  the  Brazzel  method  produces  increasingly  erroneous  results  for  many 
cases.  This  behavior  of  Equation  (41)  is  illustrated  in  Figure  24,  which  correlates  base  pressure 

predictions  on  a  cylindrical  afterbody  for  a  jet  exit  Mach  number  of  one  (Tj  /T*  =1.o).  Note 
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that  the  Brazzel  correlation  fits  the  data  taken  from  References  99,  101,  102,  and  103  quite  well 
for  RMF  values  up  to  almost  0.5.  Above  values  of  0.5,  the  data  of  Figure  24  is  more  scattered, 
particularly  for  RMF  values  above  about  1 .5. 


1, 5.6.7 

•  Exp 


Brazzel  indicated  he  had  little  data  for  high  thrust  ratios  to  use  in  the  method 
development.  The  method  of  References  66  and  27,  and  included  in  the  AP98,^^  uses  the  method 
of  Brazzel  for  RMF  values  up  to  1.5  and  then  the  empirical  curve  fits  that  bracket  most  of  the 
data  of  Figure  24  in  terms  of  upper  and  lower  values  along  with  a  mean  value.  This  mean  value 
is  shown  in  Figure  24.  However,  in  examining  the  data  of  Figure  24  more  closely,  it  was  formd 
that  for  higher  values  of  Ct,  Pb/P~  was  primarily  dependent  on  fi-eestream  Mach  number  with 
little  dependence  on  jet  exit  Mach  number  or  jet  exit  diameter.  Apparently,  for  high  thrust  levels 
such  as  would  occur  on  a  high  impulse  sustainer  or  a  booster  rocket  motor,  one  of  the  main 
correlation  parameters  for  Pb/P»  is  M™.  Thus,  the  AP02  will  modify  the  current  methodology  for 
power-on  base  drag  prediction  of  Reference  27  for  RMF  values  greater  than  0.5  so  that  Pb/P« 
will  be  correlated  with  fi’eestream  Mach  number,  as  opposed  to  giving  the  user  an  upper,  lower, 
and  mean  value  of  Pb/Pc  for  all  fi'eestream  Mach  numbers.  The  discussion  of  power-on  base 
drag  prediction  will  be  broken  down  by  thrust  or  momentum  flux  ratio  level. 

We  will  first  of  all  consider  the  lower  values  of  RMF  or  Cj  which  are  more 
representative  of  a  lower  thrust  sustainer  engine.  For  these  values  of  RMF,  we  will  use  the 


69 


NSWCDD/TR-01/108 


Brazzel  method  given  by  Equations  (41)  through  (43).  To  utilize  the  Brazzel  method,  we  must 
obtain  values  of  RMF  either  through  direct  input  or  through  calculation  based  on  known  engine 
quantities.  The  parameters  that  are  normally  known  in  a  rocket  engine  are  the  chamber  pressure, 
Pc,  the  nozzle  throat  and  exit  area  and  the  ratio  of  specific  heats  for  the  gas  of  interest.  We  can 
use  this  information  to  determine  the  quantities  Mj  and  RMF  through  the  following  process.  We 
will  first  of  all  assume  isentropic  flow  throughout  the  nozzle.  This  means  there  are  no  strong 
shock  waves  in  the  nozzle,  only  weak  expansion  or  compression  waves.  This  means  that  the 
chamber  pressure,  which  is  the  total  pressure,  since  velocity  is  zero  in  the  chamber,  is  constant 
throughout  the  nozzle.  Then,  using  this  information,  along  with  isentropic  flow  relations  for 
flow  through  a  nozzle,  the  jet  exit  Mach  number  and  pressure  relationships  can  be  defined.  The 
reader  is  referred  to  Reference  76  for  the  details  of  this  process.  Reference  76  documents  the 
methods  discussed  in  this  report  in  more  detail  and  also  gives  more  example  cases  as  well. 

Now  knowing  Pj/P.,  Aj/Aref,  Mj/M«  and  Yj/Y“»  we  can  compute  the  jet  momentum  flux 
ratio  from  Equation  (42).  Finally,  knowing  x/xb  as  a  defined  physical  parameter  and  Tj/T* 
from  Equation  (43),  the  base  pressure  ratio  for  power  on  can  be  computed  from  Equation  (41). 

The  base  pressure  coefficient  is  defined  by 


(44) 


where  Pb/P*.  comes  from  Equation  (41).  Finally,  the  base  drag  coefficient  for  power  on 
conditions  is 


C 


Afi 


t 

J 


\2 

/ 


(45) 


Notice  that  Equation  (45)  subtracts  out  that  part  of  the  base  area  attributed  to  the  jet  exit 
diameter,  where  the  pressure  is  Pj,  not  Pb.  Pj  is  used  in  the  calculation  of  jet  thrust  coefficient 
through  the  relationship 


C'p 


=  2RMF  + 


\2 
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YocM 


2 

oo 
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m 


RMF  and  Pj/P=o  of  Equation  (46)  come  from  Equation  (42)  and  the  isentropic  flow  relationships 
discussed  earlier  and  defined  in  more  detail  in  Reference  76.  The  total  axial  force  coefficient  is 
then 


“^Aw  "^^Af  "^^Ab 


(47) 


70 


NSWCDD/TR-Ol/lOS 


As  mentioned  earlier,  Equation  (41)  is  limited  to  low  to  moderate  values  of  jet 
momentum  flux  ratio  (RMF  0.5).  Many  rockets,  including  some  in  the  Navy,  have  values  of 
RMF  much  higher  than  0.5.  As  a  result,  the  method  of  Brazzel,  et  al,^®  was  extended  to  higher 
values  of  RMF  using  data  later  taken  by  Craft  and  Brazzel,^®^  Henderson,^®^  and  Deep,  et  al.^“ 

The  method  that  will  be  part  of  the  AP02  will  have  several  changes  from  that  in  the 
AP98.  First,  the  method  of  Brazzel  will  be  used  up  to  values  of  RMF  of  0.5  versus  1.5  as 
currently  stated  in  the  AP98.  Next,  for  values  of  RMF  >  0.5,  a  more  robust  empirical 
relationship  was  derived  for  Pb/P»  than  Equation  (41).  This  empirical  relationship  was  based  on 
Equation  (41),  but  extended  Equation  (41)  to  more  appropriately  fit  the  data  of  Figure  24  and 
other  experimental  cases  for  high  values  of  thrust.  The  method  is  defined  by  Equation  (48). 


Pk/P..= 


T: 


nN 


[C,(Ct,M.)+ 


f  RMF 


f(dB/d,)+ 


(^l  +  RMF 
0.047  (5-M.)[2(xj/dB)+(xj/dB)'] 


(48A) 


where 


11.0 


=  0 
=  1 


I.O^Ct  <12 
Ct  >12 
Cy  <1.0 


Cl  (Ct,  M»)  and  Cz  (M«)  of  Equation  (48A)  are  found  from  Table  32  by  linearly  interpolating 
based  on  a  given  value  of  Ct  and  M«,.  Also,  for  Mach  numbers  below  about  1.5,  it  was  found 

that  Tj  /T*  should  have  limiting  lower  values.  This  limiting  lower  value  is  defined  by 


(  *\  /  x(0-7-T:/T*) 

(Tj/T:).  =  0.7 -(M^- 1.2)-^ - ^ 

for  1.2  <M^  <1.5 
(Tj/T*)  .  =  0.7  for  M^  <1.2 

'  J  J  -'nun 


(48B) 


For  values  of  Mach  number  above  1.5,  Tj  /T*  retains  the  value  computed  from  Equation  (43). 

The  boattail  term  f(dB/dr)  of  Equation  (48A)  was  also  found  to  be  dependent  on  thrust 
coefficient.  For  low  to  moderate  values  of  Ct  on  a  boattailed  configuration,  f(dB/dr)  follows  the 
form  of  Equation  (41).  That  is 
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f(dB/d,)= 


3.5 


1  +  2.5  (dB/d,)= 


;Ct.  <6.0 


(48C) 


For  higher  values  of  Cj,  Equation  (48C)  is  replaced  by 


f(de/d,)=l  +  <'’^ 


3.5 


l  +  2.5(dB/d,f 


for  6  <  Ct  <  12.0 
f(dB /d,)=l  for  Ct  >12.0 


(48D) 


If  the  configuration  has  a  flare,  then  fCds/dr)  follows  the  form: 
3.5 


f(dB/d,)= 


l  +  2.5(dB/d,f 


=i+Z5::£t 


3.5 


50  [1  +  2.5  (dB/d,f 


=  1 


;Ct  <25 

—  1  ;25<Ct  <75 
;Ct>75 


(48E) 


Equations  (48C)  and  (48D)  indicate  that  for  lower  thrust  levels,  the  base  pressure  is  raised  by  a 
boattail,  lowering  base  drag.  However,  for  high  values  of  Ct,  the  base  pressure  ratio  is  nearly 
independent  of  boattail  and  the  base  drag  reduction  comes  purely  from  a  base  area  reduction. 
Equation  (48)  reduces  to  the  method  of  Brazzel  at  RMF  <  0.5  but  will  give  higher  values  than 
the  Brazzel  method  for  higher  M».  At  transonic  Mach  numbers,  it  can  give  values  of  Pb/P-  lower 
than  the  Brazzel  method,  due  to  the  fact  that  Mach  numbers  as  low  as  0.9  have  been  included  in 
Figure  24  and  Table  32  whereas  the  Brazzel  method  was  originally  derived  for  Mach  numbers  of 
1.5  and  greater.  Also  note  that  for  Ct  values  greater  than  12,  the  exit  Mach  number  dependence 
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TABLE  32.  EMPIRICAL  MODEL  AND  PARAMETERS  TO  DEFINE  POWER  ON  BASE  PRESSURE 


Pb/Pco  = 
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TABLE  32.  EMPIRICAL  MODEL  AND  PARAMETERS  TO  DEFINE  POWER  ON  BASE  PRESSURE 

(CONTINUED) 


M„ 

Cl  (Ct,  Mco) 

C2(M„,Ct) 

Ct 

Ct 

2 1.0 

20 

40 

^70 

il.o 

£2.0 

^0.9 

0.19 
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0.0 

1.24 

1.24 
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0.19 
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-0.06 

0.0 

1.28 
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1.25 

0.19 

-0.085 

-0.01 

0.0 

1.28 
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0.19 
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-0.06 

0.04 

0.0 

1.28 
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2.0 

0.19 

-0.30 
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0.02 

0.0 

1.28 
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0.19 

-0.45 

-0.23 

0.01 

0.0 

1.28 

2.30 
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-0.22 

-0.03 

IIIBQQHIIi 

1.28 

2.50 

s4.0 

0.19 

-0.65 

-0.10 

-0.04 

1.28 

2.7 

of  Equation  (48)  goes  away.  While  Equation  (48)  is  believed  to  be  an  improvement  over  the 
AP98  methodology^®  and  the  Brazzel  technique,®®’^  it  still  lacks  complete  robustness  in  terms  of 
nozzle  exit  geometry. 

Another  problem  associated  with  the  method  outlined  by  Equations  (41)  -  (48)  and 
Figure  24  for  computing  power-on  base  drag  is  the  fact  that  for  many  users  of  the  aeroprediction 
code,  information  other  than  Pc  may  be  available  for  a  given  rocket.  Users  would  like  the  option 
for  computing  power-on  base  drag,  given  a  value  of  thrust  and  either  Pc/P<«,  Pj/P»,  or  Mj.  Hence, 
for  cases  where  thrust  and  Pc/P~  are  known,  the  process  to  calculate  Pb/P»  is  the  same  as 
Equations  (41)  -  (47),  except  Equation  (48)  is  substituted  for  Equation  (41).  If  thrust  and  Pj/P« 
are  given,  then  from  Equation  (46), 


RMF  =  - 
2 


Ct  - 


d: 


YcoM: 


P.„ 


(49A) 


Then  utilizing  Equation  (42) 


Mj  = 


RMFy„P„d^ 


Tj  Pi 


(49B) 


Likewise,  if  thrust  and  Mj  are  known,  then  utilizing  Equations  (42),  (46),  and  (47)  we  obtain 
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Cf  + 
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y^Mi 
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[l  +  YjMj] 


RMF  can  then  be  computed  from  Equation  (42). 


(50A) 


Finally,  if  thrast  and  Pc/P»  are  given,  then  utilizing  Equation  (50A)  and  isentropic  flow 
relations,  we  obtain: 
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2  ^ 


JL 

Vj-l 


YooM: 
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(SOB) 


All  terms  in  Equation  (SOB)  are  known  except  Mj.  Mj  can  be  found  by  a  numerical  iterative 
solution  of  Equation  (SOB). 


Of  course,  Ct  is  defined  by 


Ct= - 5 -  (51) 

Y=oP»MiA„f 

Cpg ,  ,  and  are  then  obtained  through  use  of  Equations  (44),  (4S),  and  (47), 

respectively. 

A  third  alternative  for  rocket  engine  effects  on  base  drag  and  total  weapon  performance  is 
where  you  know  nothing  about  the  rocket  engine,  except  you  know  you  want  to  parametrically 
trade  off  power-on  base  drag  as  a  function  of  weapon  performance.  For  this  option,  we  define 

c*.  (52) 


where  K  varies  from  -l.S  to  2.S.  While  it  is  tme  this  alternative  of  base  drag  that  allows  a 
variation  in  from  l.S  to  -2.SCy^g  is  just  an  approximation  based  on  no  real  rocket  engine, 

the  range  of  values  are  reasonable  boundaries  of  what  one  should  expect  for  power-on  effects  on 
base  drag. 
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2.5.2  Base  Bleed 


Base  bleed  is  an  alternative  considered  for  use,  primarily  in  unguided  projectiles,  to 
decrease  base  drag.  The  concept  works  on  the  basis  of  burning  a  small  amount  of  propellant  in 
the  base  of  a  projectile.  This  burning  generates  an  exhaust  gas  which  is  typically  subsonic  and 
incompressible  and  raises  the  temperature  and  pressure  in  the  base  area,  thus  lowering  the  base 
drag.  Figure  23B  is  an  example  of  a  base  bleed  configuration  taken  from  Reference  100.  There 
have  been  numerous  references  in  the  literature  over  the  past  40  years  or  so  that  address  the  base 
bleed  problem.  Some  of  the  more  notable  references  are  discussed  in  Reference  100.  However, 
as  noted  by  Danberg'*^,  many  of  these  references  investigated  the  effects  of  base  bleed  or  base 
pressure  in  wind  tunnel  tests  where  fairly  high  values  of  the  non-dimensional  injection  parameter 
were  used.  This  parameter  is  defined  by 


1  = 


m^ 


Poo  ^oo  ^ref 


(53) 


and  is  the  ratio  of  the  mass  flow  out  of  the  bleed  exit  to  that  in  a  stream  tube  of  area  equal  to  the 
cross  sectional  area  of  the  body.  Danberg’°°  noted  that  many  tests  were  for  values  of  I  =  .01  to 
.04  for  cold  air  whereas  the  practical  case  for  projectiles  is  I  ^  .001  to  .005  with  hot  gas.  These 
low  values  of  I  for  projectiles  are  due  to  the  fact  that  only  so  much  propellant  can  be  carried  in 
the  projeetile  cavity  (see  Figure  23B),  and  if  a  high  value  of  I  is  used,  the  time  over  which  the 
base  drag  reduction  occurs  will  be  very  short.  A  slower  bum,  lower  velocity  exhaust  gas,  and 
hence  lower  value  of  I  is  thus  more  practical,  even  though  the  optimum  value  of  I  is  about  .01  to 
.03  for  minimum  base  drag  based  on  the  cold  gas  tests  of  References  104  and  105. 

Assuming  values  of  I  of  .001  to  .(X)5  allows  some  simplifications  in  the  base  pressure 
estimation  process.  This  is  because  for  values  of  I  ^  0.005,  the  base  pressure  is  approximately  a 
linear  variation  with  I.  This  linearity  of  base  pressure  for  low  values  of  I  is  shown  by 
References  105, 106,  and  107. 

Danberg^^  used  the  conclusion  of  near  linearity  of  Pb/P-  as  a  function  of  I  for  I  <  0.005  to 
derive  a  semiempirical  relationship  to  predict  base  pressure.  Since  the  purpose  of  including  base 
bleed  in  the  APC  is  to  allow  application  primarily  to  unguided  projectiles  and  since  the  range  of 
practical  interest  of  base  bleed  for  projectiles  is  fairly  low,  a  slightly  modified  method  of 
Danberg  will  be  adopted  for  use  in  the  APC.  Danberg’s  method  defines  the  base  pressure  as 


B  _ 


/p  ^ 


+  ■ 


Cl 


Jl=0 


1-1- pal 


where  ^  ^  (^b  ^  [-5.395-1- 0.0172 tJm^ 

dl  ^  ^ 

-h  [4.6IO -  0.0146tJ  Mi -1- [- 0.566 -h  0.00446 Tj ]m; 


(54A) 


(54B) 
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and 


p  =  15.1-46.3(M„-0.7l)  (54C) 

Tj  of  Equation  (54B)  must  be  in  degrees  Rankine.  Also,  if  P  is  less  than  2.6,  it  should  be  set  to 
2.6  according  to  Danberg.  Also,  an  upper  limit  of  Pb/P=o  of  1 .0  will  be  included  in  the  modified 
Danberg  theory.  Notice  that  Equation  (54B)  has  some  nonlinearity  brought  into  the  method 
through  the  second  term.  Danberg  used  a  combination  of  computational  fluid  dynamics 
calculations  for  forebody  wave  and  skin  fiiction  drag,  in  conjimction  with  total  axial  force  fi-om 
ballistic  range  data,  to  back  out  the  base  axial  force  term.  Knowing  ,  the  base  pressure  for 
no  base  bleed  can  be  calculated  fi'om 

r  Pu  ^  Y 

^  (55) 

V'^«>yi=o  ^ 

Equation  (55)  is  then  used  as  the  first  term  of  Equation  (54A).  The  present  approach  differs  from 
Danberg’s  approach  in  that  (Pb/P»)i=o  will  be  defined  based  on  the  present  method  in  the  APC.^^ 
In  this  approach,  a  mean  base  pressure  coefficient  curve  has  been  defined  based  on  an  extensive 
data  base  taken  over  many  years.  This  mean  base  pressure  coefficient  curve  is  shown  in 
Figure  25.  Thus,  for  a  given  fi-eestream  Mach  number,  one  determines  a  value  of  (Pb/P~)i=o  from 
Equation  (55).  Then  for  a  given  value  of  exit  temperature,  Tj,  fi'eestream  Mach  number  and 
injection  parameter  I,  the  base  pressure  can  be  calculated  directly  from  Equation  (54A).  Base 
pressure  coefficient  is  then  calculated  from  Equation  (44). 
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For  the  base  bleed  methodology,  Danberg  assumed  that  Pj  =  Pb  in  his  analysis.  Hence, 
for  base  bleed,  we  do  not  subtract  the  area  of  the  exit  from  the  axial  force  calculations  as  we  did 
for  rocket  motors  (see  Equation  (45)).  The  base  axial  force  coefficient  for  base  bleed  conditions 
is  thus 


C 


Ab 


2 

lo-J 

J 

;  i  =  0  for  flare 
;  i  =  1  for  boattail 


(56) 


To  summarize  the  new  methodology  which  will  be  incorporated  into  the  2002  version  of 
the  APC,  we  will  use  a  slightly  modified  method  of  Danberg  where  base  pressure  is  defined  by 
Equations  (53)-(55)  and  Figure  25  and  base  axial  force  by  Equation  (56).  Equation  (54A) 
requires  an  input  value  of  freestream  Mach  number,  exit  temperature  in  degrees  Rankine,  and  a 
value  of  the  Injection  parameter  I.  For  most  accuracy,  I  should  be  less  than  0.005,  but  values  of  I 
as  high  as  0.01  can  be  assumed,  but  with  larger  errors  in  the  prediction  process. 


2.5.3  Modified  Base  Drag  Prediction  Model 

The  base  drag  prediction  model  currently  in  use  in  the  AP98  is  described  in 
References  27  and  28.  This  model  accounts  approximately  for  the  effects  of  Mach  number, 
AOA,  fin  thickness,  fin  location,  fin  local  AOA,  power-on/off,  and  boattail  or  flare.  The  method 
described  in  this  report  will  only  affect  the  value  of  the  power-on  base  pressure  coefficient  of  the 
body-alone.  It  will  be  assumed  that  this  new  value  of  body-alone  base  pressure  coefficient  will 
replace  that  value  currently  used  in  the  AP98.  Then  the  effects  of  fins  and  AOA  will  be 
unchanged  from  that  in  Reference  27  and  28. 


2.6  IMPROVED  ZERO-LIFT  AXIAL  FORCE  FOR  NONCIRCULAR  BODIES 

The  approach  used  in  the  AP98  for  calculating  drag  of  the  nonaxisymmetric  body 
configurations  is  based  on  the  formation  of  an  equivalent  axisymmetric  body  of  the  same  cross 
sectional  area.  A  correction  is  made  in  the  skin  friction  component  where 


)nc  ~ 


(Cir)j^c 

27Creq 


(57) 


However,  wave  drag  and  base  drag  are  based  on  the  equivalent  body  which  assumes  an  equal 
area  distribution. 


To  check  out  the  assumptions  of  drag  of  nonaxisymmetric  bodies,  Eglin  Air  Force  Base 
conducted  a  series  of  ballistic  range  tests  at  the  Aeroballistic  Range  Facility  (ARF).  These  test 
results  are  documented  in  Reference  78.  Table  33  gives  the  physical  characteristics  of  the 
models  tested  and  Figure  26  shows  a  schematic  of  the  models.  The  models  tested  included  3  and 
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4  fin  circular  and  elliptical  configurations  with  a/b  =  1.25  and  1.67,  and  4  fin  square  and  3  fin 
triangular  cases.  As  seen  in  Table  33, 11  to  18  shots  of  each  configuration  was  tested,  all  with  a 
constant  cross  sectional  area  and  an  equivalent  diameter  of  17  mm.  All  configurations  were 
137.5  mm  in  length  with  37.4  mm  tangent  ogive  nose  and  100.1mm  afterbody. 

TABLE  33.  MODEL  PHYSICAL  PROPERTIES 


Configuration 

Circular 

4  Fin 

Circular 

3  Fin 

0.8 

Elliptical 

4  Fin 

0.6 

EUiptical 

4  Fin 

Blended 

Elliptical 

4  Fin 

Square 

4  Fin 

Triangular 

3  Fin 

Diameter  (d),  mm 

17 

17 

17 

17 

17 

17 

17 

Length  (L),  mm 

137.5 

137.5 

137.5 

137.5 

137.5 

137.5 

137.5 

Mass,  g 

844 

835 

880 

916 

912 

853 

824 

Ix,  gram-cm^ 

36.0 

34.6 

38.0 

42.3 

39.8 

38.4 

40.5 

ly,  gram-cm^ 

1270 

1230 

1355 

1290 

1410 

1304 

1230 

C.G.  location  (Xcg)> 
mm  from  nose 

58.6 

58.6 

62.5 

64.8 

63.5 

59.5 

59.5 

Number  of  ARF  Trials 

15 

15 

17 

15 

11 

13 

18 

There  were  two  reasons  for  testing  3  and  4  fin  circular  configurations  as  baselines.  First, 
in  principle,  by  subtracting  the  3  fin  from  the  4  fin  circular  and  multiplying  the  result  by  four, 
one  could  obtain  the  body-alone  and  fin-alone  drag.  In  reality,  it  is  difficult  to  do  this  with  the 
accuracy  desired  due  to  not  having  multiple  fit  ARF  data  points  at  the  same  Mach  numbers  for  3 
and  4  fin  cases.  The  second  reason  for  testing  3  and  4  fin  circular  was  to  compare  to  the 
elliptical,  square,  and  triangular  cases  in  a  direct  sense.  The  4  fin  circular  can  be  compared 
directly  with  the  4  fin  elliptical  and  square  cross-sections  and  the  3  fin  circular  to  the  3-fin 
triangular.  Since  the  circular  and  elliptical,  circular  and  square,  and  circular  and  triangular  cross- 
sections  all  have  the  same  number  of  fins  present,  the  difference  in  the  zero-lift  axial  force 
coefficient  can  be  attributed  to  the  body  cross  sectional  shape.  This  difference  can  then  be  used 
to  define  an  empirical  factor  to  modify  the  AP02  circular  body  drag  predictions  for  noncircular 
bodies. 


The  fins  were  all  located  flush  with  the  base  and  had  a  semi-span  of  9.91  mm  with  a  root 
and  tip  chord  of  20.07  mm.  The  fin  thickness  was  a  constant  0.508  mm  and  the  leading  and 
trailing  edges  were  100%  truncated.  Again,  Figure  26  shows  a  schematic  of  the  configurations 
tested  along  with  the  Eglin  Air  Force  Base  Test  Objectives. 

Before  we  develop  an  empirical  correction  to  the  axial  force  of  nonaxisymmetric  bodies, 
we  will  first  compare  the  predictions  of  the  AP02  to  the  ARF  data  for  the  various  configurations. 
The  first  case  considered  is  the  4  fin  circular  configuration  case  and  comparison  of  the  AP02 
axial  force  calculations  to  the  ARF  multiple  data  point  data  is  shown  in  Figure  27.  The  ARF 
multiple  point  data  is  where  several  trajectories  are  matched  at  a  single  Mach  number.  Three 
boundary  layer  options  are  considered  in  the  AP02  calculations.  These  are  a  smooth  model  with 


79 


NSWCDD/TR-01/108 


Basic  Planform 


FIGURE  26.  MODEL  CROSS  SECTION  CONFIGURATIONS 


FIGURE  27.  COMPARISON  OF  AP02  PREDICTIONS  WITH  VARIOUS  BOUNDARY  LAYER  OPTIONS  TO 

ARF  DATA  FOR  4  FIN  CIRCULAR  CONFIGURATION 
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no  boundary  layer  trip  at  sea  level  conditions  (assumes  Rnt  =  4  x  10®),  typical  flight 
configuration  (assumes  Rnt  ~  1  x  10®),  and  all  turbulent  flow.  Since  the  models  were  polished 
surfaces,  it  is  expected  the  smooth  model  option  or  the  typical  flight  configuration  would  best 
represent  the  ARF  data.  As  seen  in  Figure  27,  the  smooth  model  option  is  best  for  M  ^  1.5.  As 
Mach  number  decreases,  the  transitional  Re5molds  number  also  decreases  based  on  comparison 
to  data,  ^d  at  transonic  and  subsonic  Mach  numbers,  a  transition  Reynolds  number  (Rnt)  of 
typical  flight  models  is  more  realistic.  At  any  rate,  we  will  use  the  smooth  model  boundary  layer 
option  when  comparing  the  AP02  to  the  nonaxisymmetric  body  axial  force  coefficients  of  the 
ARF  data  as  a  first  approximation. 

Figure  28  compares  the  smooth  model  boundary  layer  option  of  the  AP02  to  ARF 
circul^,  elliptical  with  a^  =  1.25,  and  elliptical  with  a^  =  1.67  results.  As  seen  in  the  figure, 
experimental  and  theoretical  results  indicate  for  modest  values  of  a/b,  circular  and  elliptical 
results  are  nearly  identical  for  axial  force  coefficient.  Although  the  theory  does  have  a  slight 
variation  of  elliptical  firom  circular,  the  differences  are  too  small  to  see  in  the  plot.  These  results 
are  similar  to  those  given  by  Jorgensen*®®  as  well.  Hence,  no  change  will  be  made  to  the  AP02 
elliptical  axial  force  computations  based  on  Fi^re  28.  As  already  noted,  it  is  difficult  to  model 
the  drag  over  the  entire  Mach  number  range  with  a  constant  transition  Reynolds  number.  Based 
on  Figure  27  and  28,  it  is  estimated  that  the  transition  Reynolds  number  varies  between  0.5  x  10® 
at  M  ^  0.5  to  4.0  x  10®  at  M  ^  2.00.  Since  Figure  28  calculations  were  done  with  Rnt  =  4.0  x 

10  ,  the  higher  Mach  number  comparison  of  AP02  and  ARF  data  are  much  better  than  the  lower 
Mach  nximber  comparisons. 


FIGURE  28.  COMPARISON  OF  AP02  CALCULATIONS  TO  ARF  DATA 
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Figure  29  compares  the  AP02  predictions  for  the  axial  force  of  the  circular  and  square 
cross  sections  to  the  ARF  data.  The  ARP  data  shows  a  consistently  higher  drag  for  the  square 
than  the  circular  cross  section.  An  approximate  correction  to  the  AP02  will  be  made  to  the  body 
wave  drag  and  base  drag  terms  to  account  for  the  ARF  flight  differences.  The  modified  equation 
for  the  AP02  zero  yaw  axial  force  for  the  square  is 


(^A  )sq  “  (^Af  )c 


(Qr)sq 

27rr^ 


[l  +  .08(l-2k)] 


(58) 


FIGURE  29.  COMPARISON  OF  AP02  AND  MODIFIED  AP02  CALCULATIONS  TO  ARF  DATA 

(CIRCULAR  AND  SQUARE  SHAPES) 


In  Equation  (58),  (Cir)sq  is  the  circumference  of  the  square  compared  to  the  circumference  of  the 
equivalent  circular  cylinder  and  k  =  rn  Wm.  k  is  a  measure  of  the  comer  roundness,  k  =  0.5 
means  the  square  goes  to  a  circle  so  Equation  (58)  resorts  back  to  the  circular  cross  section 
values.  Also,  Equation  58  applies  to  only  the  body-alone  axial  force  components. 

Figure  30  compares  the  AP02  predictions  for  the  3  fin  circular  and  3  fin  triangular  shapes 
to  the  ARF  data  for  the  same  shapes.  Again,  the  AP02  differences  for  the  circular  and  triangular 
axial  force  predictions  are  approximately  the  same  whereas  the  ARF  data  shows  the  triangular 
shape  having  a  slightly  higher  axial  force  coefficient  for  moderate  supersonic  Mach  numbers  and 
lower.  Since  the  data  implies  the  triangular  and  circular  shapes  give  about  the  same  values  of 
axial  force  coefficient  at  higher  Mach  numbers,  only  the  base  drag  term  will  be  modified  in  the 
modified  AP02  computations.  This  is  because  base  drag  goes  to  zero  as  Mach  number  gets  very 
high.  The  modified  value  of  AP02  for  the  triangular  shape  of  Figure  5  is  computed  based  on 
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FIGURE  30.  COMPARISON  OF  AP02  AND  MODIFIED  AP02  CALCULATIONS  TO  ARF  DATA 
(3  FIN  CIRCULAR  AND  3  FIN  TRIANGULAR  SHAPES) 


Equation  (59) 


(^A  )tR  “  (*^Af  )c 


(Cir)TR 

2nr^q 


(Ca,)„  [l+-07(l-2k)]+(c^J^ 


(59) 


As  seen  in  Figure  30,  the  modified  AP02  results  are  more  in  line  with  ARF  data. 

In  summary,  the  ARF  data  has  provided  a  means  to  modify  the  zero-lift  axial  force 
coefficient  for  noncircular  cross-sectional  shapes.  It  was  found  no  modifications  to  the  present 
AP02  calculations  for  Ca  were  needed  for  elliptical  shapes  whereas  a  slight  increase  in  Ca  in  the 
AP02  was  required  for  square  and  triangular  shapes.  The  square  shapes  increased  the  circular 
shape  body-alone  wave  and  base  drag  by  about  8  percent  for  sharp  comers.  The  triangular 
shapes  increased  the  body  alone  circular  base  drag  by  7  percent  for  sharp  comers. 


2.7  TRAILING-EDGE  FLAP  TECHNOLOGY 

One  idea  that  has  been  considered  to  meet  lower  cost,  lower  volume,  and  lower 
maneuverability  control  requirements  for  guided  projectiles  is  to  deflect  a  part  of  a  wing  or  tail 
surface  as  opposed  to  the  entire  surface.  The  portion  of  the  tail  surface  considered  for  deflection 
is  at  the  tail  or  wing  trailing  edge.  Figure  31  is  an  illustration  of  a  typical  concept  being 
considered  where  a  part  of  the  trailing  edge  portion  of  the  tail  fin  is  being  considered  for  the 
control  surface  as  opposed  to  the  entire  tail  surface.  As  seen  in  Figure  31,  this  projectile  concept 
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Enlarged  View  of  Fin  Planform  and  Root  Cross  Section 

FIGURE  31.  PROJECTILE  CONCEPT  WHERE  TAIL  TRAILING  EDGE  FLAP 
IS  DEFLECTED  FOR  CONTROL 


is  very  low  drag,  and  given  a  high  initial  velocity,  can  produce  a  fairly  long  range,  even  without 
a  rocket  motor.  For  long  ranges,  winds  and  other  ballistic  errors  can  produce  sizeable  miss 
distances  without  some  sort  of  corrective  device.  While  the  large  tail  fins  of  the  Figure  31 
concept  are  needed  for  stability  at  a  high  velocity  launch,  deflecting  the  entire  tail  fin  a 
significant  amoimt  to  eliminate  the  ballistic  errors  is  not  needed.  Only  a  fraction  of  tail  surface  is 
required  to  provide  adequate  maneuverability  if  the  deflection  occurs  over  a  sustained  period  of 
time.  The  small  deflected  surface  area  can  also  result  in  a  much  lower  volume,  weight,  and  cost 
for  the  control  system.  As  seen  in  Figure  31,  the  amount  of  area  of  the  trailing  edge  can  vary 
depending  on  the  requirements.  Shown  in  the  figure  is  a  variable  semispan,  root  chord,  and 
hinge  line  for  the  trailing  edge  flap. 

The  most  recent  version  of  the  NSWC  APC  (AP98^^  distributed  to  users  is  not  capable 
of  computing  aerodynamics  on  a  concept  such  as  that  shown  in  Figure  31  when  the  trailing  edge 
flaps  are  deflected.  The  objective  of  this  section  of  the  report  is  to  summarize  the  methodology 
developed  in  Reference  109  that  allows  the  2002  version  of  the  APC  (AP02)  to  compute 
aerodynamics  on  a  configuration  where  some  portion  of  the  rear  part  of  the  aft  lifting  surface 
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(either  wing  or  tail)  can  be  deflected  to  provide  control.  In  developing  this  trailing  edge  flap 
aerodynamic  predictive  methodology,  considerations  of  the  cost  to  integrate  the  new 
methodology  into  the  APC  were  a  prime  driver  in  the  method  chosen. 

In  reviewing  the  literature  to  determine  approaches  to  use  for  calculating  the 
aerodynamics  of  trailing  edge  flaps,  the  general  approach  that  came  the  closest  to  that  desired  for 
use  in  the  future  AP02  is  that  adopted  for  the  Missile  Datcom*’.  In  that  approach,  an  equivalent 
value  of  deflection  for  the  entire  wing  or  tail  surface  is  determined  to  reflect  a  given  flap 
deflection.  In  other  words 


5w=f(5f)  (60) 

The  equivalent  value  of  6w  was  determined  offline  using  methods  in  the  airplane  DATCOM^  at 
subsonic  speeds  and  the  method  of  Goin*^°  at  supersonic  speeds.  The  advantage  of  an  approach 
such  as  Equation  (60)  for  codes  such  as  Missile  Datcom®’  or  AP98^®  is  that  this  is  the  least  costly 
and  most  straightforward  approach  to  incorporate  the  computation  of  aerodynamics  of  trailing 
edge  flaps  into  an  existing  computer  code.  The  low  cost  is  because  codes  such  as  AP98^^  or 
Missile  Datcom*’  are  generally  already  set  up  logic-wise  to  compute  the  aerodynamics  of  a 
configuration  where  one  set  of  fins  are  deflected.  Hence,  if  one  can  define  what  that  wing 
deflection  is  in  terms  of  some  flap  deflection,  the  codes^^’®’  can  be  exercised  to  provide  a  set  of 
aerodynamics  that  simulate  a  configuration  with  a  trailing  edge  flap  deflected  by  a  given  amount. 

While  the  approach  used  by  the  Missile  Datcom  [Equation  (60)]  to  compute 
aerodynamics  of  trailing  edge  flaps  is  the  same  approach  that  will  be  adopted  for  use  here,  the 
methods  that  will  be  used  for  the  AP02  will  differ  from  those^’^*°  used  in  the  Missile  Datcom^. 
There  are  several  reasons  for  this.  First,  the  method  of  Goin”°  has  too  many  limitations.  Some 
of  these  limitations  include  requirements  for  supersonic  leading  and  trailing  edges  of  the  flap 
hinge  line,  viscous  effects  are  not  accounted  for,  and  the  method  does  not  include  nonlinearities 
due  to  large  flap  deflections  or  AOAs.  Second,  while  the  method  of  Reference  2  takes  into 
account  some  of  the  viscous  and  nonlinear  effects  that  Reference  1 10  does  not  account  for,  the 
method  itself  is  inconsistent  with  that  of  Reference  1 10. 

The  objective  here  is  to  derive  an  improved  method  to  compute  aerodynamics  of  trailing 
edge  flaps  that  utilize  the  Equation  (60)  approach.  The  method  should  be  similar  for  both 
subsonic  and  supersonic  freestream  Mach  numbers,  should  not  be  limited  to  supersonic  leading 
and  trailing  edges,  should  account  (at  least  empirically)  for  viscous  effects,  and  should  account 
for  nonlinearities  associated  with  large  flap  deflections  or  AOAs.  From  a  practical  standpoint, 
the  weapons  that  will  use  the  trailing  edge  flaps  for  control  will  typically  fly  at  fairly  small  trim 
AOAs  (less  than  10  deg).  However,  flap  deflections  as  large  as  ±30  deg  are  not  unreasonable  in 
order  to  achieve  the  appropriate  trim  AOA  desired.  Also,  from  a  practical  standpoint,  most 
applications  the  author  is  aware  of  will  be  below  M<»  =  2.0.  However,  the  method  should  be 
general  enough  to  be  applied  over  the  Mach  number  range  of  applicability  of  the  AP98  or  AP02, 
which  is  0  to  20.  On  the  other  hand,  the  method  will  not  be  validated  over  this  large  Mach 
number  range  due  to  limited  experimental  data  and  lack  of  funding  to  perform  extensive  Navier 
Stokes  computations. 
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To  most  efficiently  implement  the  methodology  for  computing  the  aerodynamics  of  a 
weapon  concept  that  is  controlled  by  trailing  edge  flaps,  we  seek  the  definition  of  the  equivalent 
wing  deflection  that  yields  the  same  normal  force,  pitching  moment,  and  trim  AOA  as  that 
obtained  by  deflecting  the  trailing  edge  flaps.  In  mathematical  terms. 


Nw(b)  +  -  Nf  fj 

(61) 

^W(b)  =  fj  [(Xcp)f  -Xjgf  ] 

(62) 

II 

fi 

(63) 

In  reality,  if  Equations  (61)  and  (62)  are  satisfied.  Equation  (63)  will  automatically  be  satisfied. 
We  then  must  define  the  relationships  that  allow  Equations  (61)  and  (62)  to  be  satisfied. 

Notice  that  in  Equations  (61)  and  (62),  the  wing-body  normal  force  and  pitching 
moments  are  equated  to  the  normal  force  and  pitching  moment  coefficients  of  the  flap  alone  with 
no  interference  effects  present,  times  an  empirical  constant.  There  are  a  couple  of  reasons  for 
this.  First,  when  the  entire  wing  is  deflected,  it  will  have  carryover  normal  force  onto  the  wing. 
This  means  the  equivalent  control  deflection  of  the  entire  wing  will  be  lower  than  if  no  carryover 
normal  force  were  present.  Second,  while  there  will  be  some  interference  carryover  normal  force 
onto  the  flap  from  the  wing  or  body,  this  extra  normal  force  can  be  lumped  into  an  empirical 
term,  fi,  which  will  be  defined  later. 

Equation  (61)  can  be  expanded  as 


fiSf 


(64) 


The  empirical  factor,  fi,  of  Equation  (64)  accounts  for  several  physical  phenomena.  These 
include  boundary  layer  buildup  and  separation  of  the  flow  ahead  of  the  flap  on  the  wing  surface; 
flap  thickness  effects;  effects  of  the  slot  created  between  the  wing  and  flap  when  the  flap  is 
deflected;  and  interference  effects  of  the  flap  onto  the  body  or  wing  or  the  wing  or  body  onto  the 
flap.  The  factor  fi  will  be  determined  empirically  based  on  experimental  data  for  wings  which 
have  trailing  edge  flaps.  Figure  32  attempts  to  pictorially  and  mathematically  show  the 
representation  of  a  trailing  edge  flap  deflection  by  deflecting  the  full  wing. 


To  determine  fi,  we  equate  the  right  hand  side  of  Equation  (64)  to  the  change  in  normal 
force  coefficient  at  some  AOA  due  to  a  control  deflection  6f.  That  is 


fi 


(ACnX 

)f  f2 


(65) 


(ACf.^)j  of  Equation  (65)  is  the  additional  normal  force  coefficient  created  by  a  flap  deflection 
is  the  theoretical  normal  force  coefficient  slope  for  the  flap  of  given  aspect  ratio  and 
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Mathematical  Representation 


)f  Sf 

Normal  force  coefficient 
of  flap  deflected  an  amount  5f 


(^Na  j-j.  ('^T(b)  +  kB(T)) 


Normal  force  coefficient  of 
tail  deflected  on  amount  5t 


•  Boundary  layer  buildup  and  separation 
ahead  of  flap 

•  Slot  between  wing  and  flap 

•  Interference  effects  of  wing/body  on  flap 
and  vice  versa  due  to  flap  deflection 


•  Viscous  effects  completely  different 
(boundary  layer,  no  separation  bubble) 

•  No  slot  present 

•  Interference  effects  automatically  included 


FIGURE  32.  PHYSICAL  AND  MATHEMATICAL  REPRESENTATION  OF  TRAILING  EDGE  FLAP 

DEFLECTION  BY  FULL  WING  DEFLECTION 


taper  ratio  at  a  given  Mach  number  and  AOA.  This  theoretical  value  is  determined  by  the 
methods  in  the  AP02  for  a  flap  only  (no  wing  ahead  of  it).  The  AP02  methods  include  linearized 
theories  at  low  AOA  or  control  deflection  combined  with  empirical  approaches  at  higher  AOA. 
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These  methods  in  the  AP98  or  AP02  are  fairly  general  and  can  calculate  aerodynamics  on 
supersonic  or  subsonic  leading  edge  wings  or  flaps  at  low  AOA.  Also,  aerodynamics  can  be 
computed  for  Mach  numbers  0  to  20  and  AOAs  to  90  deg.  Hence,  the  theoretical  methodology 
for  computing  (Cn^)j  is  fairly  general.  The  value  of  (Cn^)j  is  actually  computed  using  a 

secant  slope  for  a  given  AOA.  This  value  of  is  then  multiplied  by  the  given  flap 

deflection,  6f,  as  seen  in  Equation  (65).  The  numerator  of  Equation  (65)  is  based  on 
experimental  data,  which  accounts  for  various  physical  phenomena  of  a  flap  in  conjunction  with 
a  wing,  which  a  wing  alone  does  not  have.  Hence,  the  empirical  factor  fi  is  generated  by  the 
ratio  of  experimental  data  for  a  flap  on  a  wing  to  a  theoretical  wing  alone  solution. 

The  factor  f2  in  the  denominator  of  Equation  (65)  is  used  to  account  for  the  fact  that  the 
theory  in  the  AP02  which  defines  the  lift  curve  slope  of  an  entire  wing  deflected  an  amount  6  at  a 
given  AOA  may  not  accurately  predict  the  increment  in  normal  force  generated  by  a  flap.  The 
factor  fa  is  expected  to  be  near  one  at  supersonic  speeds.  However,  at  subsonic  speeds,  wind 
tunnel  data  suggests  the  theoretical  predictions  of  additional  normal  force  generated  by  a  flap  are 
higher  than  what  the  theory  suggests.  This  inaccuracy  of  the  theory  arises  from  using  the  secant 
slope  for  versus  using  the  local  slope  at  a  given  value  of  a.  At  supersonic  speeds,  use  of 

the  secant  slope  does  not  appear  to  be  a  problem.  However,  subsonically,  the  Cn  versus  a  curve 
levels  out  at  around  25  to  30  deg  AOA,  so  an  additional  increase  in  a  brings  increasingly  less 
increase  in  Cn-  Using  a  secant  slope  for  versus  the  local  tangent  gives  a  value  of 

too  large  and  therefore  a  value  of  fr  too  low.  The  parameter  fa  therefore  corrects  for  this 
weakness.  One  could  change  the  overall  AP02  code  to  use  local  versus  secant  slopes.  However, 
this  would  be  a  very  costly  and  time  consuming  process,  and  it  was  much  more  cost  effective  to 
define  the  factor  fa  to  take  care  of  this  correction  for  the  trailing  edge  flap  technology. 

In  Equation  (65),  it  is  assumed  both  the  numerator  and  denominator  are  based  on  the 
same  reference  area  Aref.  If  is  calculated  based  on  a  wing-alone  solution  for  the  flap, 

then  Equation  (65)  must  be  multiplied  by  Aref /Af  to  have  consistent  reference  areas. 

To  define  the  empirical  factor  fi,  two  data  bases  will  be  used.^”’^^^  Reference  111 
contains  data  for  a  canard-body-tail  configuration  (see  Figure  33)  with  trailing  edge  flaps.  Data 
is  available  for  Mach  numbers  1.5  to  4.63,  AOAs  -2  to  about  30  deg  (except  for  M»  =1.5  where 
some  data  is  available  only  to  about  15  deg  AOA),  and  control  deflections  0  to  -30  deg. 
Unfortunately,  no  positive  values  of  6f  were  available  in  Reference  111,  possibly  because  a 
negative  value  of  6f  is  required  for  trim  to  occur  when  a  is  positive. 

Reference  129  contains  data  for  low  Mach  number  (M.  =  0.3  to  0.5)  for  several  different 
configurations.  These  configurations  included  an  elliptical  and  circular  cylinder-shaped  body 
with  either  a  delta  or  sweptback  rectangular  wing.  The  wings  could  have  either  a  leading  or 
trailing  edge  flap.  The  configuration  of  most  interest  here  is  the  delta  wing  with  trailing  edge 
flaps  on  a  circular  cylinder  body  (see  Figure  34).  Data  is  available  to  40  deg  AOA  for  flap 
deflections  of  ±10  and  ±30  deg.  Hence,  Reference  129  will  complement  the  supersonic  data  of 
Reference  111. 
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FIGURE  33.  DRAWING  OF  THE  MODEL  USED  FOR  SUPERSONIC  TESTS 
(ALL  LINEAR  DIMENSIONS  IN  CENTIMETERS) 
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For  Mach  numbers  in  between  M»  =  0.4  and  M=o  =  1 .5,  the  following  procedure  will 
apply  for  computing  f].  For  Mach  numbers  below  M^  =  0.8,  the  value  of  fi  computed  at 
M»  =  0.4  will  be  assumed  to  apply.  For  Mach  numbers  between  M»  =  1.5  and  0.8,  linear 
interpolation  will  be  used  to  compute  fi  based  on  the  values  of  fi  at  M*  =  1.5  and  0.8. 

Figures  35  and  36  give  the  values  of  fi  determined  by  using  References  1 1 1  and  129  to 
find  values  of  (aCn)^  and  Reference  59  to  compute  a  value  of  (c^^)  at  a  given  AOA. 

Figure  35  is  when  a  and  6  are  of  opposite  signs,  which  is  the  practical  case  for  trim  when  the  aft 
located  control  surface  is  deflected.  Figure  35  applies  for  M„,  ^  1.5  and  for  values  of  a  and  6  of 
the  same  sign  when  a  is  numerically  small.  No  data  has  been  found  to  ascertain  the  validity  of 
Figure  35  when  a  and  6  are  the  same  sign  and  a  is  greater  than  a  small  value.  For  M„  >  4.63,  the 
value  of  fi  at  Moo  =  4.63  will  be  assumed.  Figure  35  also  holds  for  values  of  6f  up  to  -30  deg, 
based  on  Reference  1 1 1  data. 


FIGURE  35.  VALUE  OF  PARAMETER  f,  AT  SUPERSONIC  SPEEDS  BASED  ON 
REFERENCE  1 1 1  DATA  AND  AP98 


Figure  36  gives  values  of  ft  for  M»  =  0.4  for  values  of  a  up  to  30  deg  and  for  values  of  6f 
of  ±30  deg.  Figure  36  values  of  ft  utilize  the  values  of  f2  from  Figure  37.  Figure  37A  presents 
the  most  practical  case  for  tail-located  trailing  edge  flaps  since  a  and  6f  must  be  of  opposite  signs 
for  trim  to  occur.  Figures  37B  and  37C  present  results  for  fj  when  a  and  6f  are  of  the  same  sign. 
Figure  37B  is  for  6f  =  10  deg  and  Figure  37C  is  for  6f  =  30  deg.  Linear  interpolation  of 
Figures  37B  and  37C  will  occur  for  values  of  6f  other  than  1 0  or  30  deg. 
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FIGURE  36.  VALUE  OF  PARAMETER  fi  AT  SUBSONIC  SPEEDS  BASED  ON 
REFERENCE  129  DATA  AND  AP98 


FIGURE  37A.  FACTOR  WfflCH  CORRECTS  FOR  USE  OF  SECANT  VERSUS  TANGENT 
IN  NORMAL  FORCE  CURVE  SLOPE  (a  AND  6  OF  OPPOSITE  SIGNS) 
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FIGURE  37B.  FACTOR  WfflCH  CORRECTS  FOR  USE  OF  SECANT  VERSUS  TANGENT 
IN  NORMAL  FORCE  CURVE  SLOPE  (6f  =  10  DEG) 


FIGURE  37C.  FACTOR  WHICH  CORRECTS  FOR  USE  OF  SECANT  VERSUS  TANGENT 
IN  NORMAL  FORCE  CURVE  SLOPE  (6f  =  30  DEG) 
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Knowing  fi  from  Figures  35  or  36,  Equation  (64)  can  be  rewritten  as 


The  way  Equation  (66)  is  utilized  within  the  AP02  is  as  follows; 

1.  For  a  given  flap  size,  is  computed  from  the  wing-alone  solution  in  the  AP02 

at  a  given  M»,  a,  AR,  and  X.  This  value  of  is  then  related  to  Aref  versus  Af. 

2.  fi  is  then  computed  via  table  lookup  for  a  given  value  of  a,  M,,  and  6f  (if  the  flow  is 
subsonic). 

3.  For  a  given  wing  size,  compute  from  the  wing-alone  solution  in  the  AP02  at 

a  given  M*,  a,  AR,  and  X.  This  value  of  must  again  be  referenced  to  A^f. 

4.  Compute  values  of  kw(B)  and  kB(w)  at  a  given  a  using  the  nonlinear  control 
methodology  in  the  AP02.  This  methodology  uses  SBT  as  a  basis  for  low  AOA 
estimates  and  wind  tunnel  data  at  high  AOA  to  modify  these  estimates. 

5.  For  a  given  value  of  6f,  an  effective  value  of  6w  can  now  be  computed  based  on 
Equation  (66).  This  value  of  6w  is  the  amount  the  entire  wing  is  deflected  to 
approximate  the  additional  normal  force  of  a  wing  due  to  a  trailing  edge  flap 
deflection  of  an  amount  6f. 

Equation  (66)  defines  the  equivalent  fin  deflection  to  give  the  same  normal  force  that 
deflecting  the  rear  part  of  the  fin  an  amount  6f  would  give.  The  normal  force  coefficient  of  the 
flap  or  fin  is  computed  from  Equation  (67).  That  is 

(aC^),  =f,  (CnJ,  8,  (67) 

The  question  that  we  must  now  address  is  the  pitching  moment  for  the  flap.  By  deflecting  the 
entire  wing  an  amount  6w  defined  by  Equation  (66),  the  pitching  moment  for  the  wing  will  be 
based  on  the  center  of  pressure  of  the  entire  wing,  not  that  due  to  the  flap.  Therefore,  to  obtain 
the  correct  pitching  moment  for  the  flap,  where  the  entire  wing  is  deflected,  a  change  in  the 
center  of  pressure  must  be  calculated. 

Most  trailing  edge  flaps  under  consideration  have  a  fairly  high  aspect  ratio  with  a  fairly 
small  root  chord.  The  initial  thought  by  the  authors  was  to  assume  the  center  of  pressure  of  the 
normal  force  generated  by  the  trailing  edge  flap  would  be  similar  to  that  on  a  high  aspect  ratio 
wing  alone.  That  is,  for  subsonic  flow,  the  center  of  pressure  would  be  around  the  quarter  chord 
location  and  then  transition  to  the  half  chord  location  around  M»  =  2.0.  However,  in  comparing 
this  assumed  location  to  the  experimental  data  of  References  111  and  129,  it  was  clear  this 
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assumption  on  center  of  pressure  location  was  not  correct.  It  is  believed  the  reason  for  the  center 
of  pressure  assumption  not  being  correct  is  that  the  flap  cannot  be  treated  as  a  wing  in  isolation  at 
most  Mach  numbers.  At  a  Mach  number  of  1 .5,  the  assumption  of  Va  chord  transitioning  to  ‘/z 
chord  supersonically  was  a  good  assumption  (see  Figure  38).  However,  at  other  Mach  numbers, 
assuming  the  center  of  pressure  of  the  flap  normal  force  could  be  treated  similar  to  a  high  aspect 
ratio  wing  in  isolation  became  increasingly  erroneous  as  seen  by  the  experimental  data  of 
Figure  38.  In  giving  the  behavior  of  the  experimental  data  in  Figure  38  some  thought,  the 
authors  believe  that  the  physics  of  the  flow  can  explain  the  Figure  38  experimental  data.  That  is, 
as  Mach  number  increases  and  the  trailing  edge  flap  is  deflected,  a  shock  is  created  ahead  of  the 
leading  edge  of  the  flap.  This  shock  in  turn  creates  a  high  pressure  region  on  the  wing  where  the 
flap  is  attached.  This  high  pressure  region  is  the  reason  for  the  experimental  center  of  pressure 
of  the  flap  normal  force  actually  lying  ahead  of  the  leading  edge  of  the  flap  as  seen  by  Figure  38. 
The  dashed  line  in  Figure  38  is  the  new  assumed  center  of  pressure  of  the  flap  normal  force  as  a 
function  of  Mach  number.  Notice  that  in  Figure  38,  [(Xcp)f  /cj  ^  represents  the  average 

center  of  pressure  over  the  AOA  range  from  0  to  30  deg  as  a  fraction  of  the  root  chord  of  the 
flap. 


For  Flap  Attached  to  Wing 


FIGURE  38.  FLAP  ALONE  AND  TRAILING  EDGE  FLAP  ATTACHED  TO  WING  AVERAGE  CENTER  OF 
PRESSURE  OVER  ANGLE  OF  ATTACK  RANGE  OF  0  TO  30  DEG  FOR  VARIOUS  MACH  NUMBERS 


At  a  subsonic  Mach  number  of  0.4,  the  center  of  pressure  also  lies  ahead  of  the  flap.  If 
the  flap  deflection  has  the  same  sign  as  the  AOA,  this  center  of  pressure  location  is  about  0.7 
chord  lengths  ahead  of  the  flap  leading  edge.  If  the  flap  deflection  is  of  opposite  sign  to  the 
AOA,  the  center  of  pressure  is  about  0.4  chord  lengths  ahead  of  the  flap  leading  edge.  For  Mach 
numbers  0  to  0.8,  it  is  assumed  these  values  of  0.4  and  0.7  chord  lengths  hold  constant.  For 
Mach  numbers  0.8  to  1 .5,  it  is  assumed  the  location  of  the  flap  center  of  pressure  varies  linearly 
between  the  values  at  M-  =  0.8  and  1.5. 

The  physics  which  cause  the  center  of  pressure  to  move  ahead  of  the  flap  are  believed  to 
be  different  for  the  subsonic  and  supersonic  cases.  Supersonically,  it  is  believed  viscous  effects 
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as  well  as  the  shock  structure  are  the  dominant  features.  However,  subsonically,  it  is  believed 
the  flap  deflection  rearranges  the  pressure  distribution  on  the  wing  ahead  of  the  flap  as  well  as 
the  viscous  effects,  which  are  present  at  all  Mach  numbers.  The  rearrangement  of  the  pressure 
distribution  on  the  wing  ahead  of  the  flap  occurs  because  in  subsonic  flow,  disturbances  in  the 
flow  can  feed  forward,  whereas  supersonically  they  cannot,  except  through  the  boundary  layer. 

From  a  practical  standpoint,  the  effect  of  the  flap  center  of  pressure  shift  diminishes  its 
effectiveness  somewhat  in  generating  trim  AOA.  This  is  because  Ae  center  of  pressure  of  the 
normal  force  actually  lies  in  front  of  the  flap  at  most  Mach  numbers,  decreasing  the  moment 
somewhat  and  hence  the  trim  AOA.  On  the  other  hand,  if  the  flap  is  located  near  the  base  of  a 
fairly  long  body,  a  one  to  four  inch  shift  in  the  center  of  pressure  forward  can  be  fairly  small  in 
terms  of  the  overall  moment  arm.  The  amount  of  normal  force  created  does  not  seem  to  be 
affected  by  the  forward  shift  in  center  of  pressure  for  trailing  edge  flaps. 

The  center  of  pressure  of  the  trailing  edge  flap  is  therefore 

C^cp)f  _  (^Le)w  ^3  ~Xtef 

ref  ref 

The  term  fs  of  Equation  (68)  is  based  on  the  empirically  defined  dotted  lines  of  Figure  38.  That 
is 


fj  =  +1.5  for  M„  <  0.8  and  (a,  5)  opposite  signs 
=  +1 .8  for  M„  <  0.8  and  (a,  8)  same  signs 
fs  =  2.53-1.29  M^  for  0.8  <  M„  <  1.5  and 
(a,  8)  opposite  signs 

=  3.17 -1.71  M„  for  0.8  <M„  <1.5  and 
(a,  8)  same  signs 

fs  =  -0.84  +  0.96  M^  for  1 .5  <  M„  <  2.7 
=  1.75  for  M^>2.7 


Using  Equations  (68)  and  (69),  the  change  in  pitching  moment  created  by  the  fact  the  wing  is 
deflected  to  simulate  the  trailing  edge  flap  deflection  is  then 


(AC„),  =-^^!^{[(Xcp),  -(Xcp)wl 


'  ref 


[(XcpX„-Xco]} 


(70) 


Equation  (70)  represents  the  pitching  moment  coefficient  of  any  configuration  where  the  trailing 
edge  flap  deflection  is  approximated  by  deflecting  the  full  wing.  The  first  term  of  Equation  (70) 
represents  the  difference  in  the  center  of  pressure  between  the  flap  and  wing  whereas  the  second 
term  represents  the  center  of  pressure  of  the  wing  normal  force  term  relative  to  a  reference 
location  which  is  taken  to  be  the  center  of  gravity  of  the  vehicle.  Of  course,  the  center  of 
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pressure  of  the  wing  is  computed  in  the  AP02  using  linear  theory  methods  at  low  AOA  and 
transitions  to  the  centroid  of  the  wing  planform  area  at  high  AOA. 

The  major  focus  in  the  analysis  for  estimating  the  aerodynamics  of  trailing  edge  flaps  has 
been  to  determine  an  equivalent  tail  deflection  which  will  give  normal  force  and  pitching 
moments  equal  to  those  when  the  flap  is  deflected.  No  mention  of  axial  force  has  been  made  to 
this  point.  The  axial  force  coefficient  will  be  different  for  an  equivalent  wing  deflection  based 
on  a  flap  deflection  6f.  The  flap  deflection  will  generate  an  additional  axial  force  term  due  to  the 
fact  6f  will  be  generally  much  larger  than  6w.  An  approximate  relation  which  can  be  used  to 
calculate  the  increment  in  axial  force  coefficient  that  results  from  estimating  the  aerodynamics 
based  on  a  wing  deflection  of  6w  versus  a  flap  deflection  of  6f  is 

(ACj,  £A(Cn),  [sin|8,|-sm|8w|]  (71) 

(ACN)f  of  Equation  (21)  is  the  additional  normal  force  contribution  due  to  the  flap.  Sin  |6f| 

takes  the  component  of  this  normal  force  term  in  the  axial  direction.  Sin  |6w|  subtracts  off  the 
component  of  axial  force  of  the  wing  since  this  is  automatically  included  in  the  AP02 
calculations;  to  leave  this  term  in  the  calculations  would  mean  doubly  accounting  for  the  wing 
deflection  axial  force  contribution. 


2.8  TRAJECTORY  MODELS 

The  evaluation  of  the  flight  performance  of  today’s  projectiles  and  missiles  is  typically  a 
two  step,  iterative  process.  First,  the  aerodynamic  coefficients  for  the  airframe  must  be 
determined  over  the  anticipated  envelope  of  flight  conditions.  This  is  accomplished  through 
wind  tunnel  testing  or  by  using  softweire  that  will  predict  the  aerodynamics.  Second,  the 
aerodynamic  coefficients  are  inserted  into  a  trajectory  model  so  that  the  aerodynamic  forces 
acting  upon  the  missile  may  be  determined  for  any  flight  condition.  The  trajectory  model  is  then 
executed  and  the  results  are  analyzed. 

In  the  above  process,  the  first  step  is  usually  performed  by  an  aerodynamicist,  while  the 
second  step  is  performed  by  a  flight  dynamicist.  If  the  flight  dynamicist  is  not  satisfied  by  the 
flight  performance  predicted  by  the  trajectory  model,  he  may  make  changes  to  the  airframe. 
These  changes  will  in  turn  effect  the  aerodynamics,  thereby  requiring  the  aerodynamicist  to 
create  a  new  set  of  aerodynamic  data  to  be  inserted  into  the  trajectory  model.  This  iterative 
process  continues  until  an  airframe  is  found  which  optimizes  some  desired  aspect  of  the  flight 
performance. 

Depending  upon  the  flight  regime  over  which  the  aerodynamics  are  to  be  computed,  a  set 
of  trim  aerodynamics  may  take  on  the  order  of  1  to  2  man-days  to  generate.  The  term  “trim” 
means  that  the  aerodynamic  coefficients  correspond  to  a  state  in  which  the  pitching  moment 
coefficient  (Cm)  is  equal  to  zero.  As  an  example,  a  set  of  trim  aerodynamics  was  found  for  a 
wing-body-tail  configuration  for  angles  of  attack  (a)  ranging  from  0  to  30  deg  in  5  deg 
increments.  Also,  there  were  two  center  of  gravity  (eg)  locations  and  4  Mach  numbers  (M)  to  be 
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evaluated.  This  means  that  there  were  56  trim  points  to  be  found.  The  work  was  performed 
using  AP98.  Although  AP98  executes  fairly  rapidly,  it  does  not  directly  provide  trim 
aerodynamics.  Instead,  the  user  must  generate  plots  of  pitching  moment  vs  fin  deflection  (6)  at  a 
given  Mach  number  and  AOA.  Then  the  user  must  “eyeball”  the  results  until  the  trim  point  is 
found  to  be  within  some  desired  accuracy.  This  may  entail  several  iterations  until  the  Cm  =  0 
point  is  bounded  and  is  displayed  on  a  scale  large  enough  to  ensure  accuracy.  It  took  an 
experienced  AP98  user  approximately  10  hr  to  accomplish  the  task.  Of  the  10  hr,  only  about  15 
min  were  required  to  set  up  the  missile  configuration  in  AP98. 

Note  that  the  run  matrix  of  56  points  is  a  very  modest  one.  For  example,  the  effect  of 
altitude  upon  trim  axial  force  coefficient  (Ca)trim  was  disregarded.  Also,  the  intervals  between 
Mach  numbers  and  angles  of  attack  were  fairly  coarse.  The  center  of  gravity  corresponded  to  the 
full  and  empty  fuel  states  only.  To  predict  flight  performance  more  accurately,  a 
correspondingly  more  detailed  set  of  aerodynamics  must  be  provided.  The  generation  of 
aerodynamic  tables,  especially  trim  aerodynamics,  can  be  tedious  and  time  consuming. 

The  insertion  of  aerodynamics  into  the  trajectory  model  also  requires  some  amount  of 
time.  The  actual  amount  of  time  will  depend  upon  the  amount  of  aerodynamic  data  to  be 
inserted  as  well  as  the  experience  level  of  the  flight  dynamicist.  For  example,  it  took  about  2  hr 
to  insert  the  aforementioned  set  of  trim  aerodynamics  into  a  trim  3  degree-of-freedom  (3  DOF) 
model.  This  time  also  included  the  compilation  and  execution  of  the  code.  In  this  case,  the 
flight  dynamicist  was  experienced  with  the  particular  trajectory  model.  Obviously,  the  insertion 
of  aerodynamic  data  would  take  considerably  longer  had  the  users  not  been  familiar  with  the 
trajectory  model. 

The  total  amount  of  time  to  generate  a  set  of  aerodynamics,  insert  the  aerodynamics  into 
a  trajectory  model,  and  run  the  trajectory  model  for  this  example  was  approximately  12  hr  and 
required  2  people.  Each  person  was  experienced  in  performing  his  part  of  the  task.  Also,  each 
person  was  available  to  do  the  work  when  required.  That  is,  there  was  no  delay  when  the 
aerodynamicist  transitioned  the  aerodynamic  data  to  the  flight  dynamicist.  In  summary,  one 
iteration  from  aerodynamicist  to  flight  dynamicist  for  die  example  case  cited  took  approximately 
12  hr.  This  is  relatively  quick  turn  around  time  since  the  aerodynamics  were  sparse  (in  terms  of 
Mach  numbers  and  control  deflections  selected)  and  the  people  doing  the  work  were  experienced 
and  available. 

The  process  discussed  in  the  preceding  paragraph  was  for  one  iteration  only.  If  the 
performance  of  the  concept  was  adequate,  that  would  probably  complete  the  initial  phase  of  the 
design  and  aerodynamic  and  performance  assessment  of  the  concept  in  question.  However,  in 
most  cases,  several  design  iterations  are  required  to  see  the  effect  on  the  aerodynamics  and 
performance  of  each  design  change.  Thus,  the  time  involved  to  generate  the  trim  aerodynamics 
and  perform  performance  assessments  is  a  minimum  of  12  hr  times  the  number  of  concepts 
investigated.  Combining  the  aeroprediction  code  with  trajectory  models  for  automatic  trajectory 
generation  of  a  given  design  concept  thus  has  potential  for  a  large  cost  savings.  When  the  cost 
savings  is  multiplied  by  the  many  users  of  the  APC,  the  cost  savings  becomes  even  larger. 


97 


NSWCDD/TR-01/108 


The  remainder  of  this  section  of  the  report  will  discuss  the  combination  of  trajectory 
models  with  the  AP02.  This  combination  will  then  allow  one  user  to  do  the  work  of  both  the 
aerodynamicist  and  the  flight  dynamicist  in  the  preliminary  design  of  a  weapon  and  in 
performance  analysis.  More  specifically,  this  report  will  discuss  the  joining  of  an  upgraded  1998 
APC  with  a  2  DOF  ballistics  model  (TRAMOD’*^)  and  a  trim  3  DOF  model  (MEM“^)  to  form 
the  2002  APC.  By  using  the  AP02  code,  the  aforementioned  example  case  can  be  performed  in 
1  hr,  versus  12  hr,  for  each  design  iteration.  More  details  of  what  will  be  presented  in  this 
section  of  the  report  can  be  found  in  Reference  114. 


2.8.1  TRAMOD  -  A  2  DOF  Ballistics  Model”^ 


The  TRAMOD  code  is  used  to  simulate  point  mass  ballistic  trajectories  of  gun  launched 
projectiles.  It  contains  the  following  primary  features; 

DEGREES  OF  FREEDOM:  There  are  two  degrees  of  freedom:  downrange  and  altitude. 
A  third  degree  of  freedom,  the  cross  range  translation  (or  drift),  is  not  included  in  the  equations 
of  motion.  Instead,  the  drift  due  to  spin  and  yaw  of  repose  are  computed  with  closed  form 
equations.  In  this  sense,  the  TRAMOD  is  a  quasi  3  DOF  ballistic  model.  On  the  other  hand, 
cross  range  due  to  the  effects  of  crosswinds  are  accounted  for  in  the  equations  of  motion. 

COORDINATE  FRAME:  The  equations  of  motion  are  integrated  in  a  flat  earth  system. 
The  X  component  is  aligned  along  the  downrange  direction,  the  Y  component  is  to  the  right  in 
the  cross  range  direction,  and  the  Z  component  is  up,  completing  a  left-handed  coordinate 
system.  A  closed  form  equation  is  solved  at  the  end  of  execution  of  the  TRAMOD  code  to 
adjust  the  range  for  curved  earth  effects.  An  option  is  provided  to  include  Coriolis  effects  should 
the  user  desire. 

ATMOSPHERE:  There  are  three  options  for  describing  the  atmospheric  properties.  The 
users  may  choose  from  the  Navy  Standard  Atmosphere  (NAST),  the  International  Civil  Aviation 
Organization  Atmosphere  (ICAO),  or  the  actual  observed  local  atmospheric  conditions  may  be 
entered. 

INTERGRATION  SCHEME:  The  code  uses  a  4*  order  Runge  Kutta  method  for 
integration.  The  integration  time  step  may  be  specified  by  the  user. 

AERODYNAMICS;  The  user  must  supply  an  input  file  which  contains  a  drag 
coefficient  (CD)  as  a  function  of  Mach  number  at  sea  level. 

THRUST,  WEIGHT,  CG;  Thrust  (T)  is  not  allowed.  There  is  no  provision  to  allow  for 
continuously  varying  weight  or  eg;  however,  staging  is  allowed. 

GUIDANCE;  All  trajectories  are  ballistic.  The  AO  A  is  zero  throughout  the  flight. 

The  mathematical  model  which  defines  the  equations  of  motion  of  the  TRAMOD  code  is 
given  by: 
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x  =  -D(x-Wx)/MV-Cx 

(72) 

y  =  -D(y-Wy)/MV-Cy 

(73) 

z  =  -D(z)/MV-g-Cx 

(74) 

where 

D  =  ip.ViA^Ci, 

Cx  =AyZ-A,y 
Cy  =A^x-A^z 
Cz  =A^y-AyX 

Ax  =  -2Q  cos(9l  )  cos(6g ) 

Ay  =  20  cos(0L )  sin(6e ) 

Ax  =-20  sin  (0l) 

Drift  =  IcJq  (xt  -  X , )/  Vtdt  (75) 

k  =  drift  constant  defined  by  user  input 

Equations  (72)  -  (74)  are  integrated  using  a  standard  fourth-order  Runge-Kutta  integration 
scheme.  The  reason  the  TRAMOD  is  defined  as  2-D  versus  3-D  is  that  the  motion  in  the  x-y 
plane  caused  by  spin  and  yaw  of  response  is  not  included  directly  in  the  equation  of  motion. 
Only  crosswinds  are  accounted  for  in  the  y  equation  of  motion,  Equation  (73).  However,  drift  is 
approximated  by  Equation  (75)  where  k  is  a  user  defined  drift  constant,  xt  is  the  final  range,  and 
Xt,  Vt  are  the  initial  range  and  velocity  at  the  beginning  of  the  drift  calculation.  For  more  details 
of  the  TRAMOD  model  or  integration  of  this  model  with  APC,  the  reader  is  again  referred  to 
References  1 12  and  1 14,  respectively. 
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2.8.2  MEM  -  A  3  DOF  Trim  Model^^^ 


The  MEM  code  is  used  to  simulate  and  optimize  trajectories  of  a  tactical  missile.  It 
contains  the  following  primary  features: 


DEGRESS  OF  FREEDOM:  There  are  three  translational  degrees  of  freedom. 


COORDINATE  FRAME:  The  equations  of  motion  are  integrated  in  a  North,  East,  Down 
coordinate  frame,  (SIM  frame),  which  is  defined  at  launch  as  a  function  of  latitude  and  longitude. 
The  attitude  of  the  frame  remains  constant  relative  to  an  earth  centered  inertial  (ECI)  frame 
throughout  the  simulation.  The  code  utilizes  a  round  earth  model  which  may  be  used  in  either  a 
rotating  or  non-rotating  mode. 

ATMOSPHERE:  The  1962  US  Standard  Atmosphere  Tables  are  used. 

INTEGRATION  SCHEME:  The  code  uses  a  4*  order  Runge  Kutta  method  for 
integration.  The  integration  time  step  is  .25  sec. 

AERODYNAMICS:  The  code  determines  the  aerodynamic  forces  acting  upon  the 
weapon  via  linear  interpolation  inside  of  tables  of  aerodynamic  coefficients.  Aerodynamic 
coefficients  include  Ca  and  normal  force  coefficient  (Cn)  as  a  function  of  Mach  number,  AOA, 
and  center  of  gravity  location. 

THRUST,  WEIGHT,  CG:  These  parameters  are  computed  from  tables  by  using  linear 
interpolations. 

GUIDANCE:  Because  the  MEM  is  used  as  a  tool  for  analyzing  and  optimizing  missile 
performance,  there  are  various  types  of  guidance  schemes  that  have  been  used.  Kappa  guidance 
is  used  most  often  for  the  midcourse  trajectory. 


For  more  information  about  MEM  code,  see  Reference  113.  For  more  information  on 
combining  the  MEM  code  with  the  AP02,  the  reader  is  referred  to  Reference  114. 


The  mathematical  model  used  in  the  MEM  code  is  given  by: 
T-D. 


Xw  — • 


m 


-2- cos  a  cos  P  4- yg  sinp  +  Zg  sinacosp 


(76) 


yw  =• 


'^T  — D  'l 

°  cosasinP  +  ygCosP-ZgSinasinP 


V 


m 


(77) 


~  I 


^T-Dq^ 

m 


sina  +  Zg  cos  a 


(78) 


where 
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=: 

achieved  normal  accelerations  in  the  body  y  and  z  axes. 

m 

= 

the  mass  of  the  missile 

Do 

= 

the  zero  AOA  drag 

a,  p 

= 

angle  of  attack  and  yaw,  respectively 

T 

== 

thmst 

T 

= 

TsL  +  AePsL(l-0  -Pc) 

where 

Ae 

the  exit  area  of  the  nozzle 

PsL 

the  sea  level  pressure 

Pc 

= 

the  current  normalized  atmospheric  pressure 

Tsl 

= 

the  sea  level  thrust 

Equations  (76)  -  (78)  are  defined  in  the  wind  axis  system  based  on  thrust,  drag,  missile 
instantaneous  mass,  and  achieved  normal  acceleration  in  the  y  and  z  body  axis  given  some 
commanded  acceleration  inputs.  The  conmianded  acceleration  inputs  are  defined  using  one  of 
several  guidance  laws,  some  current  state,  and  some  target  state.  Fourth-order  Runge  Kutta  is 
used  as  the  integration  scheme  for  Equations  (75)  -  (78).  Again,  for  more  details  of  the  MEM 
model  and  implementation  into  the  APC,  the  reader  is  referred  to  References  113  and  114, 
respectively. 


3.0  SUMMARY  OF  AERODYNAMIC  METHODS 


Section  2  of  this  report  suimnarized  the  new  methods  that  will  be  included  in  the  AP02 
that  were  not  available  in  the  AP98.  Reference  59  summarizes  the  methods  that  were  part  of  the 
AP98  so  the  reader  is  referred  to  that  reference  for  the  details  of  the  AP98  methods.  Suffice  it  to 
say  that  the  AP98  is  based  on  modified  versions  of  slender  body,  linear  theory,  or  second-order 
perturbation  theories  at  low  AOA  and  empirical  methods  at  high  AOA.  The  low  AOA 
theoretical  methods  gives  the  APC  a  good  foundation  to  predict  aerodynamics  for  various 
geometries  and  for  various  flight  conditions  up  to  AOA  of  about  10  deg.  The  empirical  methods 
that  were  developed  based  on  several  large  data  bases  extend  the  low  AOA  methods  all  the  way 
to  90  deg  AOA. 

A  summary  of  the  theoretical  methods  that  make  up  the  AP02  are  shown  in  Tables  34  - 
37.  Table  34  gives  the  body-alone  methods.  Table  35  provides  the  wing  and  interference 
methods.  Table  36  shows  the  dynamic  derivatives,  and  Table  37  provides  the  trajectory  options 
which  are  part  of  the  AP02.  The  highlighted  (italic  print)  methods  in  Tables  34  -  37  represent 
the  new  theories  that  are  part  of  the  AP02  that  were  not  included  in  the  AP98. 

Figure  5  shows  the  evolution  of  the  APC  from  its  initial  version,  the  AP72,  to  the  latest 
version  to  be  released,  the  AP02.  As  seen  in  Figure  5,  the  AP02  is  the  only  version  of  the  APC 
that  provides  a  trajectory  option,  multi-fin  capability,  and  addresses  several  emerging  projectile 
requirements. 
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TABLE  34.  AP02  METHODS  FOR  BODY-ALONE  AERODYNAMICS 


COMPONENT/  MACH 
NUMBER  REGION 

SUBSONIC 

M«,<0.8 

TRANSONIC 

1.2 

LOW 

SUPERSONIC 

1.2  ^M„^  1.8 

MOD/HIGH 

SUPERSONIC 

1.8  ^Mci  1.8 

HYPERSONIC 

Mo.  >6.0 

NOSE  WAVE  DRAG 

EMPIRICAL 

SEMIEMPIRICAL 
BASED  ON  EULER 
SOLUTIONS 

SECOND-ORDER 
VAN  DYKE  PLUS 
MNT 

SOSET  PLUS  IMNT 
MODIFIED  FOR 
REAL  GASES 

BOATTAIL  OR  FLARE 
WAVE  DRAG 

— 

WU  AND  AOYOMA 

_ 

SECOND-ORDER 
VAN  DYKE 

SOSET 

SOSET  FOR  REAL 
GASES 

SKIN  FRICTION  DRAG 

VAN  DRIEST  II 

BASE  DRAG 

•  POWER-OFF 

•  POWER-ON 

•  BASE  BLEED 

IMPROVED  EMPIRICAL  METHOD 

•  EMPIRICAL 

•  MODIFIED  BRAZZEL  METHOD 

•  MODIFIED  DANBERG  METHOD 

AXIAL  FORCE  AT  a 

EMPIRICAL  METHOD 

AEROHEATING 

INFORMATION 

--- 

SOSET  PLUS  IMNT  FOR  REAL  GASES 

INVISCID  LIFT  AND 
PITCHING  MOMENT 

EMPIRICAL 

SEMIEMPIRICAL 
BASED  ON  EULER 
SOLUTIONS 

TSIEN  FIRST- 
ORDER 
CROSSFLOW 

SOSET 

SOSET  FOR  REAL 
GASES 

VISCOUS  LIFT  AND 
PITCHING  MOMENT 

IMPROVED  ALLEN  AND  PERKINS  CROSSFLOW 

NONAXISYMMETRIC 
BODY  AERO 

•  LIFTING 
PROPERTIES 

•  AXIAL  FORCE 

•  MODIFIED  JORGENSEN 

•  MODIFIED  AXISYMMETRIC  BODY 

NONLINEAR  ST. 
LOADS  AVAIL. 

(^>  =  0, 45°) 

NO 

YES 
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TABLE  35.  AP02  METHODS  FOR  WING-ALONE  AND  INTERFERENCE  AERODYNAMICS 


COMPONENT/  MACH 
NUMBER  REGION 

SUBSONIC 

M«<0.8 

TRANSONIC 

0.8  ^  Moo  ^  1.2 

LOW 

SUPERSONIC 

1.2  ^  Moo  :£  1.8 

MOD/HIGH 

SUPERSONIC 

1.8  ^  Moo  ^  6.0 

HYPERSONIC 

Moo  >6.0 

WAVE  DRAG 

EMPIRICAL 

LINEAR  THEORY 
PLUSMNT 

SHOCK  EXPANSION 
(SE)  PLUS  MNT 
ALONG  STRIPS 

SE  PLUS  MNT  FOR 
REAL  GASES 
ALONG  STRIPS 

SKIN  FRICTION  DRAG 

VAN  DRIEST  II 

TRAILING  EDGE 
SEPARATION  DRAG 

EMPIRICAL 

BODY  BASE  PRESSURE 
CAUSED  BY  TAIL  FINS 

EMPIRICAL 

INVISCID  LIFT  AND 
PITCHING  MOMENT 

•  LINEAR 

•  NONLINEAR 

•  LIFTING 
SURFACE  THEORY 

•  EMPIRICAL 

•  3DTWT 

•  3DTWT 

•  3DTWT 

•  EMPIRICAL 

WING-BODY,  BODY-WING 
INTERFERENCE 
(^  =  0,45*^) 

•  LINEAR 

*  NONLINEAR 

•  SLENDER  BODY  THEORY  OR  LINEAR  THEORY  MODIFIED 

FOR  SHORT  AFTERBODIES 

•  IMPROVED  EMPIRICAL 

WING-BODY, 
INTERFERENCE  DUE  TO  5 
(<^  =  0,45®) 

•  LINEAR 

•  NONUNEAR 

•  SLENDER  BODY  THEORY 

•  IMPROVED  EMPIRICAL 

WING-TAIL 
INTERFERENCE 
(^  =  0,45*^) 

LINE  VORTEX  THEORY  WITH  MODIFICATIONS  FOR  Kw(B) 

TERM  AND  NONLINEARTTIES 

AEROHEATING 

NONE  PRESENT 

SE  PLUS  MNT 

SE  PLUS  MNT 
REAL  GASES 

NONAXISYMMETRIC 
BODY  AERO  (*  =  0,45°) 

IMPROVED  NELSON  METHOD 

NONLINEAR  ST.  LOADS 
AVAIL.  (*  =  0,45°) 

NO 

YES 

6,  8  FIN  AERO 

*  UNEAR 

•  NONLINEAR 

•  SLENDER  BODY  THEORY 

•  SEMIEMPIRICAL  (CFD  +  DATA) 

TRAILING  EDGE  FUPS  ON 
TAILS 

SEMIEMPIRICAL  (SEEK  TAIL  DEFLECTION  FOR  EQUAL  NORMAL  FORCE) 

103 


NSWCDD/TR-0 1/108 


TABLE  36.  AP02  METHODS  FOR  DYNAMIC  DERIVATIVES 


COMPONENT/ 
MACH  NUMBER 
REGION 

SUBSONIC 

Moo  <0.8 

TRANSONIC 

0.8  ^  1.2 

LOW 

SUPERSONIC 

1.2$M«^1.8 

HYPERSONIC 

M„  >  6.0 

BODYALONE 

•  NO  FLARE 

•  WITH 

PURE 

•  EMPIRICAL 

•  SEMIEMPIRICAL 

WING  AND 
INTERFERENCE 
ROLL  DAMPING 
MOMENT 

LIFTING  SURFACE 
THEORY 

EMPIRICAL 

LINEAR  THIN  WING  THEORY 

WING  MAGNUS 
MOMENT 

ASSUMED  ZERO 

WING  AND 
INTERFERENCE 
PITCH  DAMPING 
MOMENT 

LIFTING  SURFACE 
THEORY 

EMPIRICAL 

LINEAR  THIN  WING  THEORY 

TABLES?.  TRAJECTORY CAPABE.rrY WITHIN APC 


SIMULATION  MODE 

AP72-AP98 

AP02 

PARTICLE  BALLISTIC 

NONE 

YES 

3  DOF 

NONE 

YES 

4.0  RESULTS  AND  DISCUSSION 


The  results  and  discussion  section  of  the  report  will  focus  primarily  on  validating  the  new 
elements  of  technology  that  have  been  added  to  the  AP98  that  make  up  the  new  AP02.  Focusing 
on  the  newer  elements  of  technology  discussed  in  Section  2  of  the  report  still  requires  use  of  the 
elements  of  the  AP98  that  have  not  been  modified.  To  point  out  the  differences  between  the 
AP02  and  AP98,  both  results  will  be  shown  compared  to  experiment  when  available.  In  some 
cases,  such  as  6  and  8  fin  aerodynamics,  trailing-edge  flaps,  or  base  bleed,  this  is  not  possible 
since  the  AP98  does  not  have  these  capabilities  available. 


4. 1  IMPROVED  NONLINEAR  AERODYNAMICS 

To  compare  the  improved  nonlinear  aerodynamics  generated  by  the  AP02  to  the  AP98 
and  experiment,  six  cases  will  be  considered.  In  addition  to  these  six  cases,  comparison  of  the 
AP02  to  the  AP98  and  the  generic  wind  tunnel  data  bases  of  Reference  69  and  70  will  be 
sununarized.  The  References  69  and  70  data  bases  are  based  on  Figure  12  configurations. 

A  summary  of  the  comparison  of  normal  force  coefficient  predictions  by  the  AP02  and 
AP98  to  the  References  69  and  70  data  bases  is  given  in  Table  38.  The  Tri-Service  data  base®^ 
consisted  of  Mach  numbers  0.6,  0.8,  1.2,  1.5,  2.0,  2.5,  3.0,  3.5,  and  4.5  with  AOA  up  to  25  to 
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40  deg  (depending  on  Mach  number)  and  for  O  =  0  and  45  deg  roll.  The  highest  aspect  ratio  fins 
(AR  =  4)  of  the  Tri-Service  data  base  were  very  small,  so  the  data  associated  with  those  fins  was 
not  included  in  Table  38.  Also,  the  aspect  ratio  2.0  fin  data  of  Reference  69  was  only  included 
for  Mach  numbers  1.5  and  greater  for  die  same  reason  of  small  fin  planform.  The  Reference  70 
database  consisted  of  Mach  numbers  0.6,  0.9,  1.2,  1.6,  2.0, 2.3, 2.96,  and  3.95  for  AOA  from  0 
to  20  or  30  deg  (depending  on  Mach  number),  but  at  the  roll  position  of  d)  =  0  deg  only. 

The  Table  38  errors  were  measured  at  a  =  10,  15,  20,  25  and  30  deg  where  data  was 
available.  The  error  in  Table  38  is  defined  by 


Error  (%)  = 


^Nnieoiy 


xlOO 


(79) 


The  errors  in  Table  38  are  then  broken  down  by  Mach  number  and  then  summed  and  averaged 
for  all  Mach  numbers.  The  average  normal  force  coefficient  error  of  3.8  percent  in  Table  38  is 
about  2-3  percent  lower  than  for  the  AP98.  In  other  words,  incorporation  of  the  Reference  70 


TABLE  38.  AVERAGE  NORMAL  FORCE  ERRORS  OF  AP02 
COMPARED  TO  COMBINED  DATA  BASES*®’™ 


MACH  NO. 

NO.  POINTS 

AVERAGE  ERROR  (PERCENT) 

0.6 

89 

5.5 

0.8-0.9 

95 

7.2 

1.2 

102 

3.7 

1.5-1.6 

172 

2.6 

2.0 

168 

3.3 

2.3-2.5 

166 

2.8 

2.96-3.0 

167 

3.6 

3.5-3.95 

163 

4.2 

4.5 

108 

3.2 

TOTALS 

1230 

3.8 

data  base,  which  focused  on  variations  in  r/s,  has  allowed  the  average  normal  force  errors  to  be 
reduced  by  about  40  percent  when  comparing  the  AP02  to  the  AP98  and  the  data  bases  upon 
which  the  nonlinear  aerodynamic  terms  were  based. 

No  average  error  on  center  of  pressure  was  made  because  of  time  constraints.  However, 
suffice  it  to  say  that  the  average  center  of  pressure  error  for  the  AP98  on  the  NASA  Tri-Service 
data  base  was  less  than  2  percent  of  the  body  length.^^  Improvements  made  in  normal  force 
should  only  improve  these  already  excellent  predictions.  Likewise,  no  improvements  in  axial 
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force  were  sought,  as  we  were  satisfied  with  the  power-off  predictions  of  axial  force  from  the 
AP98. 


While  the  average  accuracy  comparisons  of  Cn  to  experiment  of  Tables  38  is  impressive 
for  a  semiempirical  code,  the  true  measure  of  success  is  based  on  the  ability  to  accurately  predict 
aerodynamics  on  a  wide  variety  of  configurations  outside  the  data  bases  upon  which  the 
empirical  nonlinearities  were  derived.  The  first  case  considered  is  taken  from  Reference  1 1 5  and 
is  a  model  of  an  older  version  of  the  SEASPARROW  missile.  A  fairly  extensive  data  base  exists 
for  this  configuration.  The  configuration  is  shown  in  Figure  39,  where  the  wings  or  tail  surfaces 
can  be  used  for  control. 

This  configuration  has  a  length  of  about  18  calibers  with  a  tangent  ogive  nose 
2.25  calibers  in  length.  It  has  wings  and  tails  of  fairly  high  aspect  ratios  of  2.8  and  2.6, 
respectively.  Data  was  taken  at  Mach  numbers  of  1.5  to  4.63  for  AOAs  to  40  deg  and  control 
deflections  of  0  and  10  deg  (at  M  of  1 .5  and  2.0)  and  0  to  20  deg  (at  M  of  2.35  to  4.63).  The  data 
was  taken  at  a  Reynolds  number  of  2.5  x  loVft  and  boundary  layer  trips  were  also  used.  The 
model  had  a  hollow  camber,  and  camber  axial  force  measurements  were  given  separately  in 
Reference  115.  These  results  were  added  to  the  forebody  axial  force  measurements  to  compare 
with  the  AP98  and  AP02. 


FIGURE  39.  WING-BODY-TAIL  CONFIGURATION  USED  IN  VALIDATION  PROCESS 

(ALL  DIMENSIONS  IN  INCHES) 


Figure  40  shows  flie  comparisons  of  the  AP98  and  AP02  to  the  data  of  Reference  1 15  for 
=  0  deg  and  =  45  deg  and  for  the  wing  control  configuration.  Figures  40A  and  40B  give  Ca, 
Cn,  and  Cm  for  M«,  =  1.5  at  6w  =  0  and  6w  =  10  deg  at  ^  =  0  deg.  In  general,  both  the  AP98  and 
AP02  give  good  comparisons  to  data.  Figures  40C  and  40D  give  similar  results  for  M»  =  2.87, 
and  Figures  40E  and  40F,  for  M-  =  4.6.  Overall,  for  this  configuration,  at  =  0  deg  roll,  the 
AP02  and  AP98  are  about  equal  in  overall  accuracy  comparisons  with  the  AP02  being  slightly 
more  accurate.  The  worst  case  errors  are  for  center  of  pressure  at  higher  Mach  number  and  AOA 
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FIGURE  40.  COMPARISON  OF  EXPERIMENT  AND  THEORY  FOR  Ca,  Cn  AND  Cm 
FOR  FIGURE  39  WING  CONTROL  CASE 
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(C)  Moo  =  2.87,  $  =  0°,  6„  =  0“ 


(D)  Moo  =  2.87,  a>  =  0°,6*  =  20° 
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(E)  Moc  =  4.6,^  =  0°,  6*  =  0' 


a 


a 


a 


(F)  Moo  =  4.6,  <E>  =  0°,6,  =  20' 


HGURE  40.  COMPARISON  OF  EXPERDMENT  AND  THEORY  FOR  Ca,  Cn  AND  Cm 
FOR  FIGURE  39  WING  CONTROL  CASE  (Continued) 
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(G)  Moo  =  1 .5,  $  =  45°,  =  0°  (H)  Moo  =  1 .5,  3>  =  45°,  =  10° 

FIGURE  40.  COMPARISON  OF  EXPERIMENT  AND  THEORY  FOR  Ca,  Cn  AND  Cm 
FOR  FIGURE  39  WING  CONTROL  CASE  (Continued) 


FIGURE  40.  COMPARISON  OF  EXPERIMENT  AND  THEORY  FOR  Ca,  Cn  AND  Cm 
FOR  FIGURE  39  WING  CONTROL  CASE  (Continued) 


FIGURE  40.  COMPARISON  OF  EXPERIMENT  AND  THEORY  FOR  Ca,  Cn  AND  Cm 
FOR  FIGURE  39  WING  CONTROL  CASE  (Continued) 
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where  the  bow  shock  intersects  the  wing  shocks.  This  nonlinear  phenomenon  is  not  modeled  in 
the  O  =  0  deg  roll  orientation  at  all.  For  the  =  45  deg  roll,  the  center  of  pressure  shift  partially 
accounts  for  this  phenomenon,  but  not  entirely.  Center  of  pressure  errors  approach  0.6  caliber  or 
3  percent  of  the  body  length  at  M„  =  4.6  and  a  =  40  deg.  The  other  point  is  that  the  normal  force 
predicted  by  the  AP02  for  combined  a  and  6w  is  better  than  the  AP98  at  M«  =  4.6.  The  reason 
for  this  phenomenon  has  to  do  with  the  fact  that  the  wing-alone  normal  force  tables  were 
decreased  slightly  at  a  =  60  deg  for  the  AP02. 

Figures  40G  and  40H  present  M„  =1.5  results  of  theory  compared  to  experiment 
for  O  =  45  deg  roll,  again  for  the  wing-controlled  case  of  Figure  39.  Figures  40G  and  40H  give 
Ca,  Cn,  and  Cm  for  M  =  1.5  and  6w  =  0  and  10  deg.  Figures  401  and  40J  give  similar  results  for 
Mo.  =  2.87  and  6w  =  0  and  20  deg,  and  Figures  40K  and  40L  give  results  for  M..  =  4.6  and  6w  =  0 
and  20  deg.  Figure  40L  shows  the  same  phenomena  as  Figure  40F.  That  is,  with  the  lowering  of 
Cfj^  at  a  =  60  deg  in  Table  4C  to  be  more  in  line  with  the  Stallings  data,®"^  improvements  in 

normal  force  coefficient  prediction  are  realized.  Note  that  reasonably  good  agreement  is 
obtained  between  experimental  data  and  both  the  AP98  and  AP02  for  all  static  aerodynamics  at 
all  three  Mach  numbers  and  for  all  control  deflections.  Here,  the  worst-case  center  of  pressure 
error  is  less  than  3  percent  of  the  body  length. 

Figure  41  presents  results  for  the  Figure  39  configuration  where  the  tail,  versus  the  wing, 
is  used  for  control.  Here,  only  the  6x  =  - 10  deg  and  -20  deg  results  are  shown  as  the  6t  =  0  deg 
control  is  basically  the  same  as  that  in  Figure  40  for  6w  =  0  deg.  Both  the  AP02  and  AP98  give 
good  results  for  Ca,  Cn,  and  Cm-  Note  the  good  agreement  of  the  AP02  and  the  AP98  with  the 
data.  Again,  the  worst  case  error  on  pitching  moment  results  is  a  center  of  pressure  error  of  less 
than  3  percent  of  the  body  length. 

In  general,  for  the  configuration  of  Figure  39,  the  AP02  average  errors  show  slight 
improvements  over  the  AP98.  This  is  primarily  because  the  AP98  comparisons  to  data  were 
already  extremely  good  and  the  changes  to  the  AP98  methodology  based  on  the  Reference  70 
data  base  were  minor  for  this  configuration. 

The  second  configuration  is  taken  from  Reference  116  and  is  a  canard-body-tail  missile 
configuration.  It  is  22.2  calibers  in  length,  and  the  nose  is  hemispherical.  The  tail  surfaces  are 
fairly  large,  with  aspect  ratio  0.87,  and  fairly  thick,  with  truncated  trailing  edges.  The  canards 
are  aspect  ratio  1.73.  The  configuration  is  shown  in  Figure  42A.  The  hangers  which  are  on  the 
wind  tunnel  model  were  not  modeled  by  the  APC.  Tests  were  conducted  for  M»  =  0.2  to  4.63, 
AOA  of  0  to  20  deg,  control  deflections  of  0  to  20  deg,  roll  of  0  to  45  deg,  Rn/R  of  2  x  10^  for  a 
model  with  boundary  layer  trips.  Base  pressure  values  as  a  function  of  M,.  and  AOA  were  given 
in  Reference  116  and  these  values  were  added  to  the  axial  force  information  so  total  axial  force 
values  could  be  shown. 

Figure  42B  gives  the  comparison  of  theory  and  experiment  for  ^  =  0  deg  roll  for  both  0 
and  20  deg  control  deflections.  Results  are  shown  in  terms  of  Ca,  Cn,  and  Cm  versus  Mach 
number  for  a  =  20  deg.  Viewing  Figure  42B,  it  is  seen  that  the  AP98  and  AP02  both  give  good 
agreement  to  data.  In  comparing  the  AP02  to  the  AP98  and  experiment,  it  is  seen  that  the  AP02 
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(A)  Moo  =  1.5,  $  =  0°,  6,  =  -10°  (B)  Moo  =  1.5,  <&  =  45°,  6,  =  -10° 

FIGURE  41.  COMPARISON  OF  EXPERIMENT  AND  THEORY  FOR  Ca,  Cn  AND  Cm 
FOR  FIGURE  39  TAIL  CONTROL  CASE 
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(C)  Mco  =  2.87,  O  =  0°,  6,  =  -20°  (D)  Moo  =  2.87,  3>  =  45°,  6,  =  -20° 

FIGURE  4 1 .  COMPARISON  OF  EXPERIMENT  AND  THEORY  FOR  Ca,  Cn  AND  Cm 
FOR  FIGURE  39  TAIL  CONTROL  CASE  (Continued) 
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(E)  Mco  =  4.6,  <D  =  0“,  6,  =  -20“  (F)  Moo  =  4.6,  ^  =  45“,  6,  =  -20“ 

FIGURE  41.  COMPARISON  OF  EXPERIMENT  AND  THEORY  FOR  Ca,  Cn  AND  Cm 
FOR  FIGURE  39  TAIL  CONTROL  CASE  (Continued) 
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shows  some  improvement  in  prediction  of  normal  force  and  pitching  moment  coefficients 
compared  to  the  AP98  for  the  following  conditions:  (1)  Mach  numbers  less  than  0.9  and  (2) 
Mach  numbers  greater  than  2.1  for  normal  force  coefficient.  For  the  intermediate  Mach 
numbers,  prediction  accuracy  of  the  two  versions  of  the  APC  is  comparable.  Axial  force 
prediction  accuracy  for  this  configuration  of  the  two  codes  also  shows  the  AP02  to  be  slightly 
better  than  the  AP98. 

The  =  45  deg  roll  comparisons  of  Ca,  Cn,  and  Cm  for  a  =  20  deg  and  6c  =  0  and  20  deg 
are  shown  in  Figure  42C.  In  general,  the  AP02  gives  better  normal  force  coefficient  predictions 
compared  to  data  than  does  the  AP98.  Pitching  moment  coefficients  predicted  by  the  AP02  are 
also  slightly  better  than  those  predicted  by  the  AP98,  although  the  improvement  is  not  as  great  as 
for  tile  normal  force  coefficient.  Again,  slight  improvement  in  axial  force  coefficient  is  also  seen 
between  the  AP02  and  AP98. 

To  summarize  the  second  validation  case  considered,  it  is  seen  that  the  improvement  in 
normal  force  prediction  accxiracy  of  the  AP02  based  on  the  more  recent  data  base  of 
Reference  70  carried  over  to  the  Figure  42A  configuration.  For  the  56  data  points  of 
Figures  42B  and  42C  (14  Mach  numbers,  2  roll  orientations,  and  2  control  deflections),  the 
average  normal  force  error  was  reduced  fi'om  7.9  percent  using  the  AP98  to  4.2  percent  using  the 
AP02.  This  is  a  reduction  in  the  normal  force  prediction  error  of  over  40  percent.  Some  slight 
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FIGURE  42A.  CANARD-BODY-TAIL  CONFIGURATION  WITH  HEMISPHERICAL  N0SE“* 
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FIGURE  42B.  Ca,  Cn  AND  Cm  VERSUS  MACH  NUMBER  FOR  CONFIGURATION 
OF  FIGURE  42A  (4)  =  0,  a  =  20  DEG) 
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FIGURE  42C.  Ca,  Cn  AND  Cm  VERSUS  MACH  NUMBER  FOR  CONHGURATION 
OF  FIGURE  42A  (O  =  45,  a  =  20  DEG) 
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improvement  in  pitching  moment,  center  of  pressure,  and  axial  force  was  also  observed  for  the 
AP02  compared  to  the  AP98.  However,  these  improvements  were  not  as  large  as  for  normal 
force  coefficient. 

The  third  configuration  was  tested  by  Jorgensen.”’  The  configuration  is  shown  in 
Figure  43A  and  consists  of  a  wing-body  and  wing-body-tail.  Both  the  wings  and  tails  are  fairly 
large  in  surface  area  and  aspect  ratio.  Figure  43B  gives  the  normal  force  coefficient  comparison 
between  the  AP98,  the  AP02,  and  experiment  for  the  wing-body  case  at  Mach  numbers  of  0.6, 
0.9,  1.5,  and  2.0  and  AOA  to  60  deg.  The  AP02  provides  only  slight  overall  average  accuracy 
improvement  over  the  AP98.  Both  predictions  fall  well  within  the  average  accuracy  goal  of 
±10  percent.  Figure  43C  gives  both  the  normal  force  and  center  of  pressure  comparisons  for  the 
wing-body-tail  case  of  Figure  43A.  Again,  the  AP02  shows  only  slight  improvement  over  the 
AP98  compared  to  experiment. 


PARAMETERS 

(AR)t  =  3.64  Xj  =  .29  d  =  2.6  in. 

(AR)v^  =  2.81  Xj  =  .28 

FIGURE  43A.  WING-BODY  AND  WING-BODY-TAIL  CONFIGURATIONS 
USED  FOR  COMPARING  AP98  TO  EXPERIMENT  AND  AP02 
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FIGURE  43B.  NORMAL  FORCE  COEFFICIENT  COMPARISONS  FOR  WING-BODY 
CONHGURATION  OF  HGURE  43A 
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FIGURE  43C.  NORMAL  FORCE  COEFFICIENT  AND  CENTER  OF  PRESSURE 
COMPARISONS  FOR  WING-BODY-TAIL  CONFIGURATION  OF  FIGURE  43A 


The  fourth  case  considered  in  the  evaluation  of  the  improved  empirical  constants 
developed  for  the  nonlinear  aerodynamic  terms  of  the  normal  force  Equation  (1)  is  taken  from 
Reference  118  and  is  shown  in  Figure  44A.  The  wind  tunnel  model  was  about  22  calibers  in 
length  with  a  sharp  nose  of  2.25  calibers.  The  canards  had  an  aspect  and  taper  ratio  of  2.0  and 
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FIGURE  44A.  CANARD-BODY-TAIL  CONFIGURATION  WITH  VARYING  TAIL  SPAN 
(FROM  REFERENCE  1 18  WITH  ALL  DIMENSIONS  IN  INCHES) 


0.3,  respectively.  Various  tail  fin  spans  were  considered.  This  model  was  tested  at  Mach 
numbers  1.6  to  3.5  at  AOA  to  about  18  to  20  deg.  It  had  a  boundary  layer  trip  present  and  was 
tested  at  a  Rn/A  of  2.0  x  10^.  Reference  118  gave  separate  values  of  base  axial  force  coeflScient, 
which  were  added  to  the  axial  force  values  given  in  the  reference  to  compare  to  the  AP98  and 
AP02  computations.  To  compare  the  experimental  data  to  theory,  Mach  numbers  of  2.5  and  3.5 
are  selected  at  roll  angle  45  deg.  Also,  values  of  the  tail-to-canard  semispan  of  0.47  and  1 .25  are 
considered.  Figures  44B  and  44C  present  the  comparison  of  theory  to  experiment  for  bt/bc  = 
0.47  and  bt/bc  =  1.25  at  Mach  numbers  of  2.5  and  3.5,  respectively,  for  Ca,  Cn,  and  Cm- 

In  examining  Figures  44B  and  44C,  it  is  seen  that  the  AP02  and  AP98  both  give  excellent 
agreement  with  experiment  for  the  bt/bc  =  0.47  case.  However,  for  the  bt^c  =  1  -25  case,  the 
AP02  shows  improvement  over  the  AP98  in  both  Cn  and  Cm  at  both  M  =  2.5  and  M  =  3.5. 

The  next  set  of  wind  tunnel  data  considered  for  comparison  purposes  is  taken  from 
Reference  119.  Body-alone,  body-tail,  and  wing-body-tail  configurations  were  all  part  of  this 
test  series.  Figure  45A  shows  one  of  the  configurations  tested  and  considered  here  for  validation 
of  the  AP02  results.  The  model  is  13.5  calibers  in  length  with  a  1.5  caliber  tangent  ogive  nose. 
The  wing  surfaces  are  fairly  large,  with  thickness  of  t/Cr  =  0.0178  and  wedge  angles  of  15  deg  on 
the  leading  and  trailing  edges.  The  tail  surfaces  have  thickness  of  t/Cr  =  0.05  and  wedge  angles 
of  20  deg.  The  tests  were  conducted  at  Mach  numbers  0.7  to  3.08  with  Reynolds  number 
varying  firom  about  2  x  10^  to  4.6  x  10^  per  foot.  The  smooth  model  without  boundary  layer  trip 
option  was  used  for  the  AP02  and  AP98  calculations.  AOA  to  25  deg  were  considered  in  the 
wind  tuimel  test.  For  comparison  purposes,  normal  force  and  pitching  moments  are  compared  to 
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b/b  =0.47  b/b=1.25 


0  2.5  5  7.5  10  12.5  15  17.5  20  0  2.5  5  7.5  10  12.5  15  17.5  20 


FIGURE  44B.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  CONFIGURATIONS 
OF  FIGURE  44A  =  45  DEG,  M.  =  2.5) 
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b/b,  =  0.47  byb,  =  1.25 


0  2.5  5  7.5  10  12.5  15  17.5  20  0  2.5  5  7.5  10  12.5  15  17.5  20 

a  a 


FIGURE  44C.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  CONFIGURATIONS 
OF  HGURE  44A  =  45  DEG,  M.  =  3.5) 
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D  =  30  mm 


FIGURE  45A.  WING-BODY-TAIL  CONFIGURATION  CONSIDERED  FOR  VALIDATION 
WITH  AP02  AND  AP98  (REFERENCE  1 19) 


data  at  ML  =  1.42  and  3.08  for  the  =  0  deg  roll  orientation.  Figure  45B  presents  these  results. 
As  seen  in  the  figure,  both  the  AP02  and  AP98  give  quite  acceptable  comparisons  to  data,  with 
the  AP02  giving  slightly  better  comparisons  for  both  the  pitching  moment  and  normal  force 
coefficients.  Both  versions  of  the  APC  give  aerodynamics  well  within  the  accuracy  goals. 
Reference  119  also  gives  axial  force  information  where  the  base  pressure  has  been  subtracted. 
Unfortunately,  only  a  side  camber  tap  was  used,  so  the  AOA  information  was  not  believed  to  be 
accurate.  Hence,  no  axial  force  comparisons  with  AOA  are  shown. 

The  final  case  is  shown  in  Figure  46  and  the  test  data  was  given  in  a  report  by  Howard 
and  Dunn.*^°  This  configuration  has  dorsals  that  have  an  aspect  ratio  of  0.12  and  tail  surfaces 
that  have  an  aspect  ratio  of  4.0.  The  exact  configuration  illustrated  at  the  top  of  Figure  46  is  not 
within  the  allowable  constraints  for  fin  planform  required  by  the  APC.  Therefore,  a  modified 
version  of  the  fin  planforms  is  required,  one  that  meets  the  constraints  of  the  APC.  This 
configuration  is  shown  in  the  middle  of  Figure  46.  Note  that  the  parameters  that  were  held 
constant  for  the  fin  planforms  were  area,  aspect  ratio,  span,  taper  ratio,  leading-edge  sweep 
angle,  and  location  of  the  geometric  centroid  of  the  planform  area.  The  Howard  and  Dunn*® 
work  gave  only  normal  force  as  a  function  of  AOA.  The  AP02  and  AP98  results  are  also  shown 
at  the  bottom  of  Figure  46.  CJuite  acceptable  agreement  is  obtained  with  the  AP02  compared  to 
experiment,  even  at  high  AOA.  The  AP98  and  AP02  are  somewhat  lower  than  the  data  suggests 
at  high  a.  However,  part  of  this  underprediction  is  suspected  to  be  the  tendency  of  a  base- 
mounted  sting  to  give  larger-than-true  normal  forces  at  subsonic  Mach  numbers.  In  making  this 
statement,  sting  interference  effects  were  assumed  to  be  unaccounted  for  in  Reference  120. 
Comparing  the  results  of  the  AP02  to  the  AP98  in  a  quantitative  sense,  the  average  normal  force 
error  of  the  AP98  for  34  data  points  is  10.7  percent,  whereas  the  average  normal  force  error  of 
the  AP02  is  6.0  percent.  This  6.0  percent  error  is  based  on  34  data  points  at  both  the  ^>  =  0  and 
O  =  45  deg  roll  orientations. 
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To  summarize,  the  nonlinear  empirical  constants  used  in  the  APC  to  predict  nonlinear 
normal  force  and  pitching  moments  on  missile  configurations  at  high  AOA  have  been  refined 
based  on  a  more  recent  missile-component,  wind  tunnel  data  base7°  In  comparing  the  new 
aerod3Tiamic  predictions  of  the  revised  code  (AP02)  to  the  latest  released  version  of  the  APC 
(AP98),  the  following  conclusions  were  drawn: 

(1)  The  refined  nonlinear  empirical  coefficients  reduced  the  average  normal  force  error 
of  the  AP02  compared  to  the  AP98  for  the  NASA/MDAC^®  and  NASA/Tri-Service^^ 
by  about  one  third.  Some  improvement  in  center  of  pressure  was  also  noted,  but  not 
quantified. 

(2)  In  comparing  the  AP02  to  the  AP98  on  six  wing-body-tail  configurations  outside  of 
the  missile  component  data  bases  upon  which  the  nonlinear  empirical  constants  were 
derived,  it  was  found  that  in  general,  the  improvements  in  average  normal  force  error 
of  the  AP02  were  seen  here  as  well.  The  average  improvements  range  from  only  a 
slight  improvement  on  one  case  to  over  40  percent  reduction  in  error  for  the  best 
case.  Overall,  it  is  guessed  that  the  average  normal  force  error  was  reduced  by  about 
20  to  25  percent  from  the  AP98  to  the  AP02.  Some  improvement  in  both  pitching 
moment,  center  of  pressure,  and  axial  force  were  also  noted  on  several  of  the  cases 
investigated. 


4.2  MULTI-FIN  WEAPON  AERODYNAMICS 

Multi-Fin  here  is  meant  6  or  8  fins  as  the  AP98  already  has  the  capability  to  handle  2  and 
4  fin  cases  in  the  computational  process.  Two  cases  will  be  considered  in  the  validation  process. 
Other  cases  can  be  found  in  Reference  67.  The  first  case  is  an  Army  6  fin  projectile  concept 
shown  in  Figure  47  A  and  taken  from  References  90  and  121.  The  configuration  of  Figure  47A 
consists  of  a  cone-cylinder-body  and  is  13.99  calibers  in  length  with  a  diameter  of  35.2  mm.  The 
cone  half-angle  is  8  deg  and  the  leading  and  trailing  edges  of  the  fins  are  blunt.  For  the  AP02 
computations,  Re5molds  number  was  computed  based  on  sea  level  conditions  and  the  body 
diameter  as  reference  length.  The  “wind  tunnel  model  with  no  boundary  layer  trip”  option  was 
used  in  the  AP02  for  viscous  flow  computations.  Ballistic  data  was  available  over  a  Mach 
number  range  of  3.0  to  about  4.5.  CFD  data  was  given  from  M«  =  3.0  to  5.5  and  AP02 
computations  were  performed  over  this  same  Mach  number  interval. 

Comparisons  for  normal  force  coefficient  and  pitching  moment  coefficient  slopes  at  zero 
AOA  are  shown  in  Figure  47B.  The  AP02  results  at  lower  Mach  numbers  tend  to  be  somewhat 
high  compared  to  the  CFD  numbers  in  both  cases,  and  both  tend  to  lie  above  the  range  data. 
Figure  47B  also  shows  the  comparison  for  axial  force  coefficient.  Good  agreement  is  obtained 
throughout  in  this  instance.  The  comparison  for  pitch  damping  coefficient  is  also  shown  in 
Figure  47B.  Once  again,  the  AP02  numbers  are  somewhat  high  relative  to  the  CFD  results  and 
both  tend  to  lie  above  the  majority  of  the  ballistic  data. 

A  second  set  of  data  was  available  from  the  guided  projectile  wind  tunnel  tests  of 
Reference  122.  The  model  used  is  shown  in  Figure  48 A.  It  consists  of  a  circular  body, 
approximately  12.26  calibers  in  length,  with  a  3-caliber  Von  Karman  ogive  nose.  The  body 
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Pitching  Moment  Coefficient  Siope 


Axial  Force  Coefficient  Pitching  Damping  Moment  Coefficient 

FIGURE  47B.  COMPARISON  OF  NEW  MULTIFIN  METHOD  TO  CFD  AND  EXPERIMENT 

FOR  FIGURE  47A  CONFIGURATION 


HGURE  48A.  SCHEMATIC  OF  EIGHT-FIN  GUIDED  PROJECTILE  (FROM  REFERENCE  122) 


diameter  is  2.976  inches.  Eight  small,  high  aspect  ratio  pop-out  fins  are  located  at  the  rear  of  a 
short  boattail  section.  The  model  was  also  tested  with  four  pop-out  canards,  but  this 
configuration  was  not  considered  since  the  desire  was  to  isolate  the  effects  of  the  fins.  It  was 
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necessary  to  modify  the  fin  geometry  to  conform  to  the  input  requirements  of  AP02.  The 
equivalent  fin  has  a  trapezoidal  planform  with  the  same  area,  sweep  angle,  and  aspect  ratio  as  the 
original.  AP02  runs  were  completed  at  the  indicated  Reynolds  numbers  for  each  case  (which 
vary  from  1.4  to  2.5  x  10^  ft)  and  the  “wind  tunnel  model  with  no  boundary  layer  trip”  option 
was  used. 

Wind  tunnel  data  was  available  in  this  case  for  the  body  alone,  so  it  was  used  to  adjust  for 
the  effects  of  crossflow  separation  and  reattachment.  This  adjustment  is  made  in  the  AP02  by 
changing  the  critical  crossflow  Reynolds  number  and  by  shifting  the  value  of  crossflow  Mach 
number  at  which  the  “drag  bucket”  starts.  These  two  parameters  are  set  to  obtain  a  good  fit  to 
the  experimental  data  at  each  Mach  number  and  are  then  used  for  all  further  computations.  The 
values  that  were  determined  are  as  follows: 


M  =  0.40: 

Critical  Reynolds  Number  =  179000 
Crossflow  Mach  Number  Shift  =  -0.03 

M  =  0.80: 

Critical  Reynolds  Number  =  333000 
Crossflow  Mach  Number  Shift  =  +  0.09 

M  =  0.95: 

Critical  Reynolds  Number  =  333000 
Crossflow  Mach  Number  Shift  =  +  0.13 

M=  1.05: 

Critical  Reynolds  Number  =  333000 
Crossflow  Mach  Number  Shift  =  +  0.17 

M=  1.10: 

Critical  Reynolds  Number  =  333000 
Crossflow  Mach  Number  Shift  =  +  0.185 

M=  1.30 

Critical  Reynolds  Number  =  2x10^ 
Crossflow  Mach  Number  Shift  =  +  0.25 

M=  1.60 

Critical  Reynolds  Number  =  2  x  10^ 
Crossflow  Mach  Number  Shift  =  +  0.25 

M  =  2.00 

Critical  Reynolds  Number  =  2  x  10^ 
Crossflow  Mach  Number  Shift  =  +  0.25 

The  comparisons  for  total  normal  force  for  the  full  8  fin  configuration  are  shown  in 
Figures  48B  and  48C  for  Mach  numbers  0.4,  0.8,  0.95,  1.05,  1.1,  1.3,  1.6,  and  2.0,  respectively. 
Angles  of  attack  range  up  to  15  deg.  In  general,  the  comparisons  are  quite  good.  The  body 
aerodynamics  under  these  low  Mach  number  conditions  can  be  very  sensitive  to  the  subcritical  or 
supercritical  status  of  the  flow  in  the  leeward  region,  making  accurate  predictions  difficult.  The 
differences  are  related  primarily  to  this  effect  rather  than  to  the  fin  modeling. 
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HGURE  48B.  NORMAL  FORCE  COEFFICIENT  COMPARISONS  FOR  EIGHT-FIN 
GUIDED  PROJECTILE  OF  FIGURE  48A 


133 


NSWCDD/TR-01/108 


FIGURE  48C.  NORMAL  FORCE  COEFFICIENT  COMPARISONS  FOR  EIGHT-FIN 
GUIDED  PROJECTILE  OF  FIGURE  48A 


4.3  PITCH  DAMPING  IMPROVEMENTS 

Several  improvements  were  made  to  the  AP98  that  will  be  part  of  the  AP02  with  respect 
to  pitch  damping  moment  coefficient.  These  include  improvements  for  body  length,  Mach 
number  and  in  particular  the  addition  of  the  flare  (which  was  unaccounted  for  in  AP98).  Five 
cases  will  be  shown  to  illustrate  the  results  which  will  be  part  of  the  AP02.  Additional  cases  are 
found  in  Reference  74.  The  AP02  results  will  be  compared  to  the  AP98,  test  data,  and  Navier 
Stokes  computations  (if  available). 
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The  first  two  cases  are  configurations  without  a  flare.  The  first  case  is  a  secant  ogive 
cylinder  (SOC)  configuration  (see  Figure  49).  The  ogive  is  three  calibers  in  length  and  the 
afterbody  varies  in  length  from  2  to  4  to  7  calibers.  TTie  pitch  damping  coefficient  results  for 
each  of  these  afterbody  length  cases  is  shown  in  Figure  49.  The  results  are  compared  to 
parabolized  Navier  Stokes  (PNS)  computations  of  Reference  93.  Note  that  as  Mach  number 
increases  above  2,  the  AP02  gives  results  which  are  in  much  closer  agreement  to  the  PNS  results 
than  the  AP98  computations. 


A.  Schematic  of  the  SOC  Configuration®® 
(all  dimensions  in  calibers) 

(one  caliber=57.2  mm) 


FIGURE  49.  PITCH  DAMPING  MOMENT  COEFFICIENT  PREDICTIONS  FOR  THE  SOC  CONFIGURATION 
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The  second  case  considered  is  the  Army-Navy-Spinner-Round  (ANSR)  shown  in 
Figure  50.  Test  data  and  PNS  computations  are  taken  from  References  93  and  94.  Data  is 
shown  in  Figure  50  for  Mach  number  0.8  to  2.5  along  with  AP02  and  AP98  computations.  Note 
that  for  these  low  Mach  numbers,  AP98  and  AP02  are  about  the  same  and  both  agree  with  data 
and  PNS  results  except  for  the  9  caliber  case.  For  the  9  caliber  case,  there  is  a  lot  of  scatter  in  the 
data,  but  both  theories  tend  to  be  in  the  middle  of  most  of  the  data. 


(all  dimensions  in  calibers)  M. 


(one  caliber=20  mm)  B.  C  =  5,  Xcg  =  3 


0  12  0  12 


Moo  Moo 

c.  ^  =  7,  Xce  =  4.0  D.  ^  =  9,  Xco  =  5.0 

FIGURE  50.  PITCH  DAMPING  MOMENT  COEFFICIENT  PREDICTIONS  COMPARED 

TO  EXPERIMENT  FOR  ANSR 
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The  next  three  cases  are  for  flared  projectile  configurations.  Figure  51  gives  the  first  case 
considered.  It  is  termed  the  CS-V4-1  configuration  in  Reference  91.  This  configuration  consists 
of  a  blunt  cone-cylinder-flare,  where  the  flare  angle  is  6  deg  and  the  flare  length  is  3.51  calibers. 
The  overall  configuration  length  is  15.36  calibers.  The  configuration  of  Figure  51  shows  rifling 
grooves,  but  a  smooth  body  was  assumed  in  the  PNS  and  aeroprediction  calculations.  Pitch 
damping  results  are  shown  in  Figure  51  for  Mach  numbers  0.4  to  5.0  from  the  AP02  and  AP98. 
PNS  results  are  shown  from  M»  =  3  to  4.5  and  ballistic  range  results  are  shown  at  M»  =  4.0. 
Note  that  the  AP02  methodology  agrees  much  closer  to  the  experimental  data  and  PNS  results 
than  does  the  AP98.  The  AP98  results  are  basically  those  of  a  cone-cylinder  that  is 
15.36  calibers  long. 

Figure  52  shows  pitch  damping  results  for  a  configuration  similar  to  that  of  Figure  51, 
except  the  flare  is  longer,  4.49  versus  3.51  calibers,  and  the  overall  Figure  52  configuration 
lengtih  is  longer  (16.34  versus  15.36  calibers)  than  that  of  Figure  51.  Again,  AP98  and  AP02 
results  are  shown  for  Mach  number  of  0.4  to  5  whereas  PNS  calculations  were  available  for 
Mach  number  of  3  to  4.5  and  ballistic  range  data  was  available  for  M«  =  4.0  only.  The  AP02 
results  match  the  PNS  calculations  adequately  with  the  AP98,  being  much  lower  than  the  PNS 
results  due  to  not  accounting  for  the  flare.  The  ballistic  range  data  are  somewhat  lower  than  the 
PNS  data  and  AP02  for  this  configuration,  possibly  due  to  the  impact  of  the  grooves  on  the  pitch 
damping. 

The  final  configuration  considered  was  taken  from  Reference  90  and  results  are  given  in 
Figure  53.  It  consists  of  a  13.16  caliber  cone-cylinder-flare  where  the  flare  angle  varies  from  4 
to  14  deg.  Only  M*  =  4.4  data  was  given  in  Reference  90.  Notice  the  good  agreement  of  the 
AP02  to  the  CFD  computations.  Here  the  worst  error  of  the  AP02  compared  to  the  CFD  is  under 
6  percent  for  the  0f  =  14  deg  case.  Again,  the  AP98  gives  unacceptable  agreement  to  the  CFD, 
except  for  small  6f. 


4.4  ENGINE-ON  AND  BASE  BLEED  EFFECTS  ON  BASE  DRAG 

Several  cases  will  be  used  to  show  the  improvements  in  the  AP02  with  respect  to 
predicting  base  pressure  when  the  rocket  engine  is  on  or  when  a  projectile  bums  a  small  amount 
of  propellant  in  the  base  region.  We  will  consider  the  base  bleed  cases  first. 

The  first  base  bleed  case  is  shown  in  Figures  54  and  55.  The  case  is  for  a  condition 
where  d/dr  =  0.31,  Tj  =  2150  °R.  Figure  54  is  for  the  M.  =  0.71  condition  and  Figure  55  is  for 
M»  =  0.98.  Base  pressure  ratio  is  shown  as  a  function  of  the  injection  parameter  I.  As  seen  in 
both  figures,  excellent  agreement  of  theory  and  experiment  is  seen. 

The  second  case  considered  is  shown  in  Figure  56.  This  case  again  shows  a  comparison 
of  theory  and  experiment  for  M=o  =  2.0,  d/dj  =  0.2,  and  Tj  =  5400  °R.  Results  are  shown  only  up 
to  values  of  I  =  .004.  Good  agreement  of  theory  and  experiment  is  seen. 
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CS-V4-1  Flare  Stabilized  Projectile  Geometry  CS-V4-2  Flare  Stabilized  Projectile  Geometry 

(all  dimensions  in  calibers)  (all  dimensions  in  calibers) 

(one  caliber=8.28  mm)  (one  caliber=8.28  mm) 


FIGURE  51.  COMPARISON  OF  THEORY  AND 
EXPERIMENT  FOR  PITCH  DAMPING  MOMENT 
COEFFICIENT  OF  CS-V4-1  CONFIGURATION 


Mec 


FIGURE  52.  COMPARISON  OF  'ITIEORY  AND 
EXPERIMENT  FOR  PITCH  DAMPING  MOMENT 
COEFFICIENT  OF  CS-V4-2  CONFIGURATION 
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13.16 


7.33 


Control  Projectile  Configuration 
(all  dimensions  in  calibers) 


FIGURE  53.  COMPARISON  OF  THEORETICAL  PREDICTIONS  OF  PITCH  DAMPING 
MOMENT  COEFEICIENT  FOR  VARIOUS  FLARE  ANGLES  (M.  =  4.4) 
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FIGURE  54.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  BASE  PRESSURE  RATIO 
AT  BASE  BLEED  CONDITIONS  (M.  =  0.71;  dj/dr  =  0.31;  Tj  =  2150  “R) 


FIGURE  55.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  BASE  PRESSURE  RATIO 
AT  BASE  BLEED  CONDITIONS  (M,  =  0.98;  dj/dr  =  0.3 1 ;  Tj  =  2 1 50  "R) 
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Injection  Parameter  (I) 


FIGURE  56.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  BASE  PRESSURE  RATIO 
AT  BASE  BLEED  CONDITIONS  (M.  =  2.0;  dj/dr  =  0.2;  Tj  =  5400  °R) 


The  final  base  bleed  example  is  a  practical  example  taken  from  Reference  125  where  NS 
calculations  were  performed  on  a  cylindrical  based  afterbody  at  M«  =  1 .7  and  2.5  for  values  of 
the  mass  injection  parameter  of  0  to  0.03.  These  NS  results  were  then  compared  in 
Reference  125  to  the  experimental  data  of  Schilling*^^.  The  AP02  computations  for  this  same 
case  at  M»  =  1.7  and  2.5  are  compared  to  both  the  experimental  results  of  Schilling*^^  and  CFD 
results  of  Sahu*^^  in  Figure  57.  At  Mo=  =  1.7,  the  AP98  result  for  at  I  =  0  is  slightly  higher 

than  either  die  Reference  125  or  126  results.  The  decrease  in  with  increasing  I  is  parallel  to 
the  experiment  and  CFD  up  to  values  of  I  of  about  0.02  to  0.025  for  this  room  temperature  case. 
At  Moo  =  2.5,  the  AP02  agrees  very  well  with  the  experimental  data^^^  and  CFD*^  predictions  up 
to  values  of  1  =  0.012  before  the  AP02  results  depart  from  the  more  accurate  theory  or 
experimental  results.  Again,  since  the  practical  range  of  interest  for  I  is  generally  0.01  or  less, 
this  level  of  agreement  with  the  data  is  viewed  as  being  acceptable. 

The  first  case  to  compare  the  present  predictions  of  power-on  base  pressure  are  results 
taken  from  Reference  104  and  correlated  by  Brazzel  as  a  function  of  the  Jet  Momentum  Flux 
parameter  RMF.  These  results,  shown  in  Figure  58,  were  for  various  jet  to  reference  diameter 
ratios  at  M»  =  Mj  =  2.0.  Also  shown  in  Figure  58  are  the  predictions  of  the  Brazzel  method 
(indicated  by  the  AP98)  for  the  low  values  of  RMF  computed  from  Equation  (1)  for  various 

values  of  RMF  assuming  Yj  =  1-4  and  xj  =  0.  Since  Mj  =  2,  Tj  /T*  =  0.67  for  Figure  58.  Also 

shown  in  Figure  58  are  the  results  for  the  improved  method  to  be  part  of  the  AP02.  As  seen  in 
Figure  58,  both  the  Brazzel  technique  and  the  AP02  method  predict  base  pressure  slightly  high 
compared  to  the  Reference  104  data.  This  means  base  drag  would  be  sli^tly  low  compared  to 
the  Reference  104  experimental  data. 

The  next  case  considered  is  taken  from  Reference  127  and  is  for  Mj  =  2.5,  Me  =  1.94,  and 
dj/dr  =  0.75.  In  addition  to  the  experimental  data  of  Reference  127,  the  data  of  Reference  102  is 
also  shown  in  Figure  59.  The  AP02  compares  fairly  well  with  the  Reference  102  data  at  lower 
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FIGURE  57.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  BASE  DRAG  AS  A  FUNCTION 

OF  MASS  INJECTION  PARAMETER 
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•  RMF 

FIGURE  58.  COMPARISON  OF  POWER-ON-BASE  PRESSURE  PREDICTION  WITH 
EXPERIMENT  (Mj  =  2.0,  M.  =  2.0) 


FIGURE  59.  COMPARISON  OF  POWER-ON-BASE  PRESSURE  COEFFICIENT  PREDICTION 
WITH  EXPERIMENT  (Mj  =  2.5,  M.  =  1.94,  dj/dr  =  0.75) 

values  of  Ct  and  is  in  between  the  Reference  102  and  Reference  127  data  for  higher  values  of 
Ct.  Once  again,  the  power-off  base  pressure  coefficient  is  shown  in  Figure  59,  illustrating  that  at 
very  low  values  of  thrust  coefficient,  power-on  increases  base  drag,  whereas  for  higher  values  of 
Ct,  base  drag  is  decreased. 

Figure  60  illustrates  results  for  jet  exit  Mach  number  of  3.5,  where  the  other  conditions 
(M«.  =  1.94,  dj/dr  =  0.75)  are  the  same  as  those  in  Figure  59.  Again,  the  AP02  is  in  agreement 
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FIGURE  60.  COMPARISON  OF  POWER-ON-BASE  PRESSURE  COEFFICIENT  PREDICTION 
WITH  EXPERIMENT  (Mj  =  3.5,  M,  =  1 .94,  dj/dr  =  0.75) 


with  the  Reference  102  data  at  low  values  of  Ct  and  is  in  between  the  Reference  127  and 
Reference  102  data  for  high  values  of  Ct- 

The  next  three  examples  are  taken  from  the  experimental  database  of  Rubin.  Rubin 
measured  power-on  base  drag  in  the  transonic  speed  regime  for  cylindrical,  flare,  and  boattail 
afterbodies  at  transonic  Mach  numbers.  Figure  61  compares  the  semiempirical  predictions  to  the 
data  of  Rubin  for  the  cylindrical  afterbody  at  Mx,  =  0.9,  1.0,  and  1.2.  Experimental  data  was 
based  on  Mj  =  2.7  and  dj/de  =  0.8  and  0.45.  A  conical  nozzle  was  used  with  0j  =  20  deg.  The 
agreement  between  the  experiment  and  theory  at  all  three  Mach  numbers  is  reasonable. 
However,  for  Mco  =  0.9  and  Ct  <  4,  the  experimental  data  shows  Pb/P»  increasing.  The  present 
theory  will  not  predict  the  minimum  base  pressure  ratio.  This  increase  in  Pb/P~  will  continue  as 
Ct  gets  small  xmtil  a  maximum  is  reached  at  base  bleed  conditions,  after  which  Pb/P«.  will 
decrease  to  its  power-off  value. 

Figure  62  presents  the  comparison  of  theory  and  experiment  for  the  boattailed  afterbody 
case.  Results  for  the  same  three  freestream  Mach  numbers  (M^  =  0.9,  1 .0,  and  1 .2)  are  shown  in 
the  figure.  The  boattail  angle  is  6.35  deg  and  the  boattail  length  is  0.82  caliber.  Again, 
reasonable  agreement  with  experiment  is  seen  except  for  M„  =  0.9  and  1 .0  and  for  low  values  of 
Ct,  where  the  minimum  value  of  Pb/P»  has  been  reached. 

Figure  63  presents  the  comparison  of  theory  and  experiment  for  the  flare  afterbody  case. 
The  flare  angle  is  6.54  deg  and  its  length  is  1 .34  caliber.  Good  agreement  between  theory  and 
experiment  is  seen,  except  for  M«  =  0.9  and  Ct  <  6,  where  the  base  pressure  is  seen  to  start 
increasing  after  a  minimum  has  been  reached. 

The  last  case  considered  is  a  boattailed  configuration  taken  from  the  data  of  Craft  and 
Brazzel.'®*  Theory  and  experiment  are  shown  in  Figure  64  for  M«,  =  1.5  and  2.5.  Again, 
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FIGURE  62.  COMPARISON  OF  POWER-ON-BASE  PRESSURE  PREDICTION  WITH  EXPERIMENT  FOR 
BOATTAIL  AFTERBODY  (dj/dr  =  0.45;  0j  =  20  DEG;  0b  =  6.35  DEG;  (b  =  0.82  CAL;  Mj  =  2.7) 


FIGURE  63.  COMPARISON  OF  POWER-ON-BASE  PRESSURE  PREDICTION  WITH  EXPERIMENT  FOR 
FLARE  AFTERBODY  (Mj  =  2.7;  dj/dr  =  0.8;  0j  =  20  DEG;  0b  =  6.54  DEG;  «b  =  1-34  CAL) 
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FIGURE  64.  COMPARISON  OF  POWER-ON-BASE  PRESSURE  PREDICTION  WITH  EXPERIMENT  FOR 
BOATTAILED  AFTERBODY  (Mj  =  2.7;  dj/dr  =  0.45;  Oj  =  20  DEG) 


Mj  =  2.7,  dj/dr  =  0.45,  Oj  =  20  deg,  0b  =  2.93  deg,  and  {b  =  1-37  calibers.  Very  good  agreement 
of  theory  and  experiment  is  obtained  at  M»  =  1 .5.  However,  for  M*  =  2.5  the  theory  is  about  10 
to  30  percent  too  high  for  Cx  ^  8.  The  reason  for  the  oveiprediction  is  not  clear.  However,  it  is 
suspected  that  the  error  is  due  to  the  Reference  102  data  base  being  given  more  weight  in  the 
development  of  the  present  empirical  model  than  the  Reference  101  data  base. 
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4.5  TRAILING-EDGE  FLAP  AERODYNAMICS 

Equations  (67)  and  (70)  define  the  theoretical  change  in  normal  force  and  pitching 
moment  coefficients  due  to  a  flap  deflection.  The  value  of  (AC^  \  computed  by  the  theory  is 
that  value  defined  by 


(80A) 

The  value  of  6w  in  Equation  (80A)  is  obtained  from  Equation  (66)  using  the  process  defined 
earlier  in  the  analysis  section  of  this  report.  Using  the  values  of  6w  fi'om  Equation  (66)  in  the 
AP98,  values  of  (Cn)5^  p  and  of  Equation  (80A)  can  be  computed  and  then  (ACn)j. 

defined  theoretically.  This  value  of  (ACfj)j.  can  then  be  compared  to  experimental  data  where 
(ACN)f  is  obtained  using  experimental  data  for  and  .  That  is 

(SOB) 

Likewise,  experimentally  measured  values  of  (aC^  can  be  defined  as 

=(CM)5f^Q 

and  compared  to  theoretical  values  computed  from  Equation  (70).  (ACN)f  of  Equation  (70) 
comes  from  the  theoretical  values  defined  by  Equation  (80A).  Thus,  comparison  of  (ACN)f 
values  obtained  by  Equations  (80A)  to  (80B)  and  (aC^^  values  obtained  fi'om  Equations  (70) 
to  Equation  (81)  will  allow  us  to  determine  the  validity  and  accuracy  of  the  new  theory. 

The  first  set  of  data  we  will  consider  is  fi'om  Reference  111.  The  configuration  tested  in 
the  wind  tunnel  is  shown  in  Figure  33.  Figures  65-67  compare  theory  and  experiment  for 
(aCn)^  and  (ACj^)j.  at  6f  =  -20  deg  and  Mach  numbers  1.5, 2.96,  and  4.63.  Results  are  plotted 
as  a  function  of  AOA  up  to  30  deg.  For  Mach  number  1.5,  experimental  data  was  not  available 
up  to  30  deg  AOA,  so  data  was  shown  whore  available.  As  seen  in  the  figures,  the  theory  does  a 
reasonable  job  in  matching  the  data  for  both  (AC^  )f  and(ACM  )f ,  except  at  M»  =  4.63  and  a  ^ 
20  deg.  At  these  conditions,  the  theory  somewhat  overpredicts  the  normal  force  and  pitching 
moment  increments.  However,  since  this  region  is  beyond  the  anticipated  practical  range  of 
usage  (M®  <  2.0,  a  <  20,  1 6f|  <  30  deg),  no  effort  will  be  made  to  try  to  improve  upon  the  tiieory 
at  this  condition. 

Also  shown  on  the  (ACM)f  portion  of  Figures  65-67  are  the  results  of  assuming  the 
center  of  pressure  of  the  flap  is  based  on  the  flap  in  freestream  flow  and  with  the  flap  attached  to 
the  trailing  edge.  The  flap  attached  to  the  trailing  edge  computations  take  into  accormt  the  center 
of  pressure  shift  shown  in  Figure  38.  Note  ftiat  at  M®  =  1.5,  no  shift  is  shown  so  the  Figure  65 
pitching  moment  results  show  no  change  between  the  flap  alone  and  the  flap  attached.  However, 
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FIGURE  65.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  NORMAL  FORCE  AND  PITCHING 
MOMENT  COEFFICIENTS  OF  TRAILING  EDGE  FLAPS  (M.  =  1.5,  6f  =  -20  DEG) 
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FIGURE  66.  COMPARISON  OF  THEORY  AND 
EXPERIMENT  FOR  NORMAL  FORCE  AND 
PITCHING  MOMENT  COEFFICIENTS  OF 
TRAILING  EDGE  FLAPS  (M„  =  2.96, 
6f=-20DEG) 


FIGURE  67.  COMPARISON  OF  THEORY  AND 
EXPERIMENT  FOR  NORMAL  FORCE  AND 
PITCHING  MOMENT  COEFFICIENTS  OF 
TRAILING  EDGE  FLAPS  (M.  =  4.63, 
6f=-20DEG) 


Figures  66  and  67  show  a  change  in  pitching  moment  between  flap  alone  and  the  flap  attached. 
As  seen  in  Figures  66  and  67,  using  the  Figure  38  results  tend  to  show  an  improvement  in 
pitching  moment  calculations  over  assuming  the  flap  alone. 

It  is  also  worthwhile  to  reemphasize  the  fact  that  all  the  flieoretical  calculations  shown  in 
Figures  65-67  (as  well  as  the  figures  which  will  follow)  were  computed  by  using  the  AP02  in 
conjunction  with  Equation  (66)  as  described  in  the  Analysis  Section  of  the  report. 

Reference  129  represents  the  only  subsonic  data  base  the  author  found  in  the  literature. 
The  configuration  tested  is  shown  in  Figure  34.  The  ogive  of  the  Figure  34  configuration  can  be 
either  an  elliptical  or  a  circular  cylinder  tangent  ogive.  The  case  upon  which  the  change  in 
pitching  moments  and  normal  force  coefficients  were  determined  was  based  on  an  elliptical  nose. 
However,  since  the  data  used  was  (aC^j  and  (aC^^  )f ,  it  is  expected  the  body  shape  will  have 
little  impact  since  the  same  body  shape  is  used  for  the  6f  =  0  case  as  well  as  the  6f  0  case. 
Reference  129  has  both  positive  and  negative  values  of  6f  available.  Unfortunately,  M«  =  0.4 
was  the  highest  fi-eestream  Mach  number  considered,  and  AOA  to  30  deg  were  also  included  in 
the  test  series. 


151 


NSWCDD/TR-01/108 


Figure  68  compares  the  theory  and  experiment  for  (aC,«j)j  and  (aC^^)^  where  6f  is 
negative  for  a  to  30  deg.  Note  that  excellent  agreement  for  (aC^  )f  is  obtained  between  theory 
and  experiment  for  both  6f  =  - 10  deg  and  -30  deg  cases.  Good  agreement  between  theory  and 
experiment  is  obtained  for  (aC^i)^  for  the  6f  =  -10  deg  case  up  to  a  of  about  20  to  25  deg, 
where  the  theory  and  experiment  start  to  depart.  For  6f  =  -30  deg,  comparison  of  theory  and 
experiment  for  (AC^^  )j.  is  quite  acceptable  for  a  up  to  20  deg.  The  trim  AOA  occurs  at  about 
6  deg  for  6f  =  - 10  deg  and  at  about  14.8  deg  for  6f  =  -30  deg.  In  other  words,  good  accuracy  in 
both  (ACj«j)j.  and  (AC^i)^  can  be  obtained  up  to  and  slightly  beyond  the  trim  AOA,  which  is 
most  critical.  For  a  above  the  trim  value,  accuracy  of  (aCj^  and  (aC^^  is  not  as  important; 
therefore,  no  attempt  was  made  to  try  to  improve  the  theory  for  these  conditions. 


FIGURE  68.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  NORMAL  FORCE  AND  PITCHING 
MOMENT  COEFFICIENTS  OF  TRAILING  EDGE  FLAPS  (M.  =  0.4, 6f  NEGATIVE) 


Figure  69  gives  the  complimentary  results  to  the  Figure  68  case  except  here  6f  is  positive. 
While  trim  cannot  occur  due  to  the  fact  a  and  6f  are  of  the  same  sign  and  the  configuration  is  tail 
controlled,  it  is  still  of  interest  to  see  how  well  the  theory  compares  to  data  for  conditions  where 
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FIGURE  69.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  NORMAL  FORCE  AND  PITCHING 
MOMENT  COEFnCIENTS  OF  TRAILING  EDGE  FLAPS  (M.  =  0.4, 6f  POSITIVE) 


trim  is  not  possible.  As  seen  in  Figure  69,  agreement  between  theory  and  experiment  for  both 
(ACn)^  and  (aC^,)^  is  quite  good  up  to  an  a  of  about  15  deg.  Above  a  of  15  deg,  both 
(ACM)f  and  (ACN)f  deviate  ifrom  experiment  at  most  conditions.  Again,  since  this  is  not  a 
practical  set  of  conditions  for  trim,  no  effort  has  been  made  to  improve  (ACj^  and  (aC|^)j.  for 
a  above  15  deg  and  6f  is  positive. 

Figure  70  compares  the  theory  and  experiment  for  axial  force  coefficient  where  the 
trailing  edge  flap  has  been  deflected  - 10  deg  and  -30  deg,  respectively.  The  equivalent  value  of 
6w  corresponding  to  6f  =  - 10  deg  and  -30  deg,  respectively,  is  shown  at  the  top  of  Figure  70  as 
a  function  of  freestream  Mach  number.  Note  that  6w  is  only  a  small  fi-action  of  6f.  The  wing 
area  is  8.67  times  that  of  the  trailing  edge  flap.  At  the  bottom  of  Figure  70  is  the  axial  force 
coefficient  based  on  the  AP02  calculations  plus  the  value  defined  by  Equation  (71).  Two  cases 
are  shown  for  the  theory:  where  the  wind  turmel  model  has  a  boundary  layer  trip  and  where  no 
boundary  layer  trip  is  present.  The  Reynolds  number  for  the  tests  was  2.5  x  10^.  According  to 
Reference  111,  a  boundary  layer  trip  was  present.  Based  on  comparison  of  theory  and 
experiment,  it  appears  the  boimdary  layer  trip  was  effective  in  producing  a  turbulent  boundary 
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FIGURE  70.  COMPARISON  OF  THEORY  AND  EXPERIMENT  FOR  AXIAL  FORCE  COEFFICIENT  AT 
VARIOUS  VALUES  OF  FLAP  DEFLECTION  AND  AS  REPRESENTED  BY  AN  EQUIVALENT 
DEFLECTION  OF  ENTIRE  WING  AT  a  =  0  DEG  (RN/ft  =  2.5  x  10*) 

layer  over  the  surface  at  flie  lower  supersonic  Mach  numbers.  However,  at  the  higher  supersonic 
Mach  numbers,  it  appears  that  the  flow  partially  transitions  back  to  laminar  over  much  of  the 
body  and  large  wing  for  the  6  =  - 1 0  deg  case.  This  relaminarization  of  the  flow  is  speculated  to 
be  the  reason  the  theory  with  no  boimdary  layer  trip  option  agrees  closer  to  the  wind  tunnel  data 
at  high  supersonic  Mach  number  than  does  the  theory  which  assimies  turbulent  flow  over  the 
entire  surface  of  the  model  at  all  Mach  numbers.  If  the  above  hypothesis  of  relaminarization  of 
the  flow  is  correct,  the  theory  predicts  the  experimental  data  quite  well.  If  this  hypothesis  is  not 
correct,  then  the  theory  is  high  for  Mach  numbers  3.0  and  greater. 

The  Reference  129  data  base  also  contained  axial  force  data.  Unfortunately,  the  base 
drag  term  was  subtracted,  only  one  fin  was  deflected  and  the  numbers  for  no  fin  deflection  were 
small  and  irregular.  As  a  result,  it  was  believed  an  accurate  value  of  experimental  data  for  the 
axial  force  would  be  difficult  to  obtain;  therefore,  no  comparisons  of  axial  force  coefficient  will 
be  shown  at  subsonic  Mach  numbers. 
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4.6  IMPROVED  AXIAL  FORCE  FOR  NONAXISYMMETRIC  BODIES 

While  the  improvement  explicitly  made  to  improve  the  aerodynamics  of 
nonaxisymmetric  bodies  was  the  wave  drag  component  of  Ae  axial  force  coefficient,  the 
improvement  in  the  nonlinear  aerodynamic  terms  discussed  in  Section  4.1  could  also  have  an 
impact.  Therefore,  we  will  investigate  three  cases  to  see  if  the  improvements  made  to  the  AP02 
also  show  improvement  in  predicting  aerodynamics  of  nonaxisymmetric  bodies.  The  first  case 
considered  is  based  on  the  data  base  of  Jorgensen and  the  configurations  tested  are  shown  in 
Figure  71. 
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FIGURE  71.  BODY  ALONE  CONFIGURATIONS'®*  WITH  ELLIPTICAL,  SQUARE, 
DIAMOND,  TRIANGULAR,  AND  INVERTED  TRIANGULAR  SHAPES 


Included  in  the  Figure  71  configurations  are  two  circular  bodies,  1.4  inch  in  diameter, 
with  3.0-caliber  tangent  ogive  noses,  and  either  a  7.0-caliber  or  3.0-caliber  cylindrical  afterbody, 
giving  1/d  (length/diameter)  ratios  of  10  and  6.  The  critical  Reynolds  number  parameters  were 
adjusted  using  these  bodies,  and  optimal  settings  were  found  to  be  R^j^  =  330000  and  = 

-0.2.  The  noncircular  bodies  in  the  data  set  are  squares,  diamonds  (squares  at  a  45  deg  roll 
position),  triangles,  inverted  triangles  (triangles  at  a  60  deg  roll  position),  and  ellipses  with  axis 
ratios  of  2:1,  1.5:1,  0.67:1  (1.5:1  at  90  deg  roll),  and  0.5:1  (2:1  at  90  deg  roll).  All  bodies  have 
the  same  cross  sectional  area  as  the  circle,  and  the  distribution  of  that  area  along  the  longitudinal 
axis  is  the  same  as  for  the  circle.  The  squares,  diamonds,  triangles,  and  inverted  triangles  have 
very  small  comer  radii  and  were  asstimed  to  have  a  value  of  k  equal  to  0.  All  noncircular  bodies 
are  identical  in  length  to  the  1/d  =  10  circular  cylinder  except  for  a  2:1  ellipse  and  a  0.5:1  ellipse, 
which  have  the  same  length  as  the  1/d  =  6  cylinder.  Mach  numbers  were  1 .98  and  3.88. 
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Figures  72A  through  72C  show  the  results  of  the  AP02  computations  for  lift  coefficient, 
lift  to  drag  ratio,  and  center  of  pressure  location  (referenced  to  the  nose  tip  in  this  and  all  future 
cases)  compared  to  the  experimental  data  for  the  1/d  =  10  ellipses  at  M  =  1 .98.  The  circular  body 
results  are  shown  in  each  figure  for  reference.  In  most  cases,  the  lift  coefficient  comparisons, 
found  in  Figure  72A,  are  quite  good,  with  the  computed  values  tending  to  be  somewhat  low  at 
the  higher  angles  of  attack.  This  is  especially  true  of  the  0.5:1  axis  ratio  case.  Since  the  circular 
body  values  tend  to  be  lower  than  tiie  data  in  this  region,  this  trend  is  not  surprising.  The 
noncircular  computations  rely  on  the  circular  results  as  a  starting  point  and  are  thus  influenced 
by  their  behavior.  The  lift  to  drag  ratios  and  the  center  of  pressure  locations  for  the  2:1  ellipse, 
found  in  Figures  72B  and  72C,  respectively,  are  in  very  good  agreement  with  experimental  data. 
These  comparisons  for  the  0.5:1  ellipse,  while  not  as  good  as  for  the  2:1  ellipse,  are  within  the 
accuracy  limits  of  the  code.  Figures  73 A  through  73C  show  the  same  comparisons  for  the  2:1 
and  the  0.5:1  ellipse  at  M  =  3.88.  For  the  lift  coefficients,  found  in  Figure  73A,  the  0.5:1  ellipse 
compares  with  data  well,  but  the  2:1  ellipse  tends  to  be  high  at  a  =  10  and  above.  As  can  be  seen 
from  the  circular  body  results  shown  on  the  same  plot,  this  is  to  some  degree  a  carryover  effect. 
The  lift  to  drag  ratios  and  the  center  of  pressure  comparisons  are  shown  in  Figures  73B  and  73C. 
The  lift  to  drag  ratios  are  in  reasonable  agreement  with  the  wind  tunnel  results  with  the  greatest 
discrepancies  coming  for  the  0.5:1  ellipse.  The  center  of  pressure  locations  agree  well  with 
experiment  in  all  instances.  It  should  be  pointed  out  that  the  drag  of  Figures  72B  and  73B  does 
not  contain  the  base  drag  term,  thereby  somewhat  falsely  increasing  all  the  lift  to  drag  ratios. 

Figure  74A  -  74C  show  the  lift  coefficient,  lift  to  drag  ratio,  and  center  of  pressure 
comparisons  for  the  squares  and  diamonds  at  M  =  1.98.  Once  again,  the  circular  body  values  are 
shown  for  reference.  For  lift  coefficient,  found  in  Figure  74A,  the  square  results  are  quite  good, 
being  just  a  little  high  at  the  higher  angles  of  attack.  The  diamond  values  tend  to  follow  the  same 
pattern  as  the  ellipses,  being  low  above  a  =  12  deg.  The  lift  to  drag  ratios  are  shown  in 
Figure  74B  and  are  in  very  good  agreement  with  the  wind  tunnel  results.  The  center  of  pressure 
locations  are  presented  in  Figure  74C  and  are  well  within  the  accuracy  limits  of  the  code.  The 
results  for  these  cross  sections  at  M  =  3.88  are  presented  in  Figures  75A  -  75C.  In  this  case,  the 
lift  coefficient  results  in  Figure  75  A  are  seen  to  be  high  for  bo  A  cross  sections.  A  comparison  to 
the  circular  body  results,  which  are  also  shown,  indicates  that  they  are  in  large  part  following  the 
established  trend.  A  look  at  Figure  75B  shows  that  the  code  does  well  predicting  lift  to  drag 
ratio  for  these  conditions  with  the  exception  of  a  few  low  a  instances.  It  should  be  noted  that 
with  angles  of  attack  of  2  or  4  deg,  it  can  be  difficult  to  measure  drag  accmately  in  the  wind 
tunnel,  so  some  disagreement  in  this  region  could  be  attributed  to  experimental  uncertainty.  The 
center  of  pressure  results,  shown  in  Figure  75C,  agree  well  with  the  experimental  data. 

Results  for  the  triangles  and  inverted  triangles  at  M  =  1 .98  are  shown  in  Figures  76A  - 
76C.  Overall,  the  lift  coefficient  comparisons,  presented  in  Figme  76A,  are  not  as  good  as  for  the 
other  body  cross  sections,  with  most  values  being  too  low.  This  is  partially  a  reflection  of  the 
circular  body  results,  but  also  indicates  some  uncertainty  in  the  modeling  of  triangles  and 
inverted  triangles  because  of  a  scarcity  of  data.  On  the  other  hand,  the  lift-to-drag  and  center-of- 
pressure  results  shown  in  Figures  76B  and  76C  are  in  very  good  agreement  with  the  wind  tunnel 
results.  The  M  =  3.88  comparisons  for  these  cross  sections  are  shown  in  Figures  77A  -  77C. 
Here,  the  lift  coefficient  values,  found  in  Figure  77A,  tend  to  be  somewhat  high  above  a  =  8  deg, 
but  this  is  in  agreement  with  the  circular  body  results.  The  lift-to-drag  ratio  comparisons  in 
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FIGURE  72.  AERODYNAMIC  DATA  OF  2:1  AND  0.5:1  ELLIPSES  OF  FIGURE  71  COMPARED  TO 
CIRCULAR  BODY  AND  AP02  RESULTS  AT  M  =  1.98  (L/D  =  10):  (A)  LIFT  COEFFICIENT, 

(B)  LIFT  TO  DRAG  RATIO,  (C)  CENTER  OF  PRESSURE 
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FIGURE  73.  AERODYNAMIC  DATA  OF  2:1 
AND  0.5:1  ELLIPSES  OF  FIGURE  71  COMPARED 
TO  CIRCULAR  BODY  AND  AP02  RESULTS  AT 
M  =  3.88  (L/D  =  10):  (A)  LIFT  COEFFICIENT,  (B) 
LIFT  TO  DRAG  RATIO,  (C)  CENTER  OF 
PRESSURE 
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FIGURE  74.  AERODYNAMIC  DATA  OF 
SQUARES  (k  =  0.0)  AND  DIAMONDS  (k  =  0.0) 
OF  FIGURE  71  COMPARED  TO  CIRCULAR 
BODY  AND  AP02  RESULTS  AT  M  =  1.98 
(L/D  =  10):  (A)  LEFT  COEITICIENT,  (B)  LIFT  TO 
DRAG  RATIO,  (C)  CENTER  OF  PRESSURE 
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FIGURE  75.  AERODYNAMIC  DATA  OF 
SQUARES  (k  =  0.0)  AND  DIAMONDS  (k  =  0.0) 
OF  FIGURE  71  COMPARED  TO  CIRCULAR 
BODY  AND  AP02  RESULTS  AT  M  =  3.88 
(L/D  =  10):  (A)  LIFT  COEFFICIENT,  (B)  LEFT  TO 
DRAG  RATIO,  (C)  CENTER  OF  PRESSURE 
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FIGURE  76.  AERODYNAMIC  DATA  OF 
TRIANGLES  (k  =  0.0)  AND  INVERTED 
TRIANGLES  (k  =  0.0)  OF  FIGURE  71 
COMPARED  TO  CIRCULAR  BODY  AND  AP02 
RESULTS  AT  M  =  1.98  (L/D  =  10):  (A)  LEFT 
COEFFICIENT,  (B)  LEFT  TO  DRAG  RATIO, 
(C)  CENTER  OF  PRESSURE 
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FIGURE  77.  AERODYNAMIC  DATA  OF  TRIANGLES  (k  =  0.0)  AND  INVERTED  TRIANGLES  (k  =  0.0)  OF 
FIGURE  71  COMPARED  TO  CIRCULAR  BODY  AND  AP02  RESULTS  AT  M  =  3.88  (L/D  =  10);  (A)  LffT 
COEFFICIENT,  (B)  LIFT  TO  DRAG  RATIO,  (C)  CENTER  OF  PRESSURE 
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Figure  77B  are  fairly  good,  with  some  discrepancies  at  lower  a,  especially  for  the  circle.  As 
mentioned  before,  this  situation  could  be  attributed  to  the  difficulty  of  measuring  drag  at  low 
angles  of  attack.  The  center  of  pressure  results  in  Figure  77C  compare  favorably  with  the  wind 
tunnel  measurements  for  triangles,  but  are  slightly  outside  the  accepted  range  for  inverted 
triangles.  If  it  is  assumed  that  the  AP02  will  be  allowed  slightly  more  leeway  in  modeling 
noncircular  bodies,  then  these  results  are  certainly  acceptable. 

The  AP98  results  are  not  shown  in  Figures  72-77  for  clarity.  However,  in  comparing  the 
AP98  results  fi-om  Reference  55  with  those  of  the  AP02  shown  in  Figures  72-77,  it  was  seen  that 
the  AP02  gave  some  slight  improvement  in  predictions  over  the  AP98.  These  improvements  are 
probably  due  to  the  improved  nonlinear  aerodynamics  methodology  discussed  in  Section  4.1 . 

The  second  case  considered  is  also  a  data  base  by  Jorgensen**^.  He  tested  circular  and 
elliptical  bodies  with  high  aspect  ratio  wings  and  tails  at  Mach  numbers  0.6  to  2.0.  The  elliptical 
cross  section  shapes  are  illustrated  in  Figure  78. 

Each  configuration  of  Figure  78  has  a  2:1  elliptical  body.  One  has  a  large  wing  mounted 
near  mid-body  and  the  other  has  the  same  wing  but,  in  addition,  a  vertical-horizontal  tail 
assembly  mounted  at  the  rear  of  the  body.  The  wind  tunnel  tests  were  conducted  at  Mach 
numbers  of  0.6  and  2.0  with  corresponding  Reynolds  numbers  based  on  equivalent  body 
diameter  of  430000  and  380000.  For  the  AP02  computations,  R^^,  was  set  to  330000  and 

AMjj^  to  -0.1.  The  comparisons  for  the  normal  force  coefficients  for  the  wing-body 

configuration  are  shown  for  both  Mach  numbers  in  Figure  79A  and  for  the  wing-body-tail 
configuration  in  Figure  80A.  In  both  cases,  the  agreement  is  very  good.  Center  of  pressure 
predictions  for  these  two  configurations  are  shown  in  Figures  79B  and  80B.  As  for  the  normal 
force  coefficients,  agreement  with  experimental  data  is  very  good.  Also,  the  AP02  and  AP98 
results  (although  not  shown  for  clarity)  are  almost  identical  for  this  case. 

The  final  configuration  considered  is  the  recent  data  base  at  the  Aeroballistic  Research 
Facility  at  Eglin  Air  Force  Base  described  in  Reference  78.  The  configurations  tested  are  shown 
in  Figure  26.  Zero  lift  axial  force  coefficient  comparisons  of  fire  AP02  and  experimental  data 
were  given  in  Figures  27-30.  The  square  body  results  of  Reference  78  are  chosen  as  a 
comparison  of  the  AP02  computations.  Normal  force  and  pitching  moment  coefficient 
derivatives,  along  with  pitch  damping,  are  selected  from  the  Reference  78  data  set.  The  AP02 
square  body  results  with  fins  at  $  =  45  deg  roll  orientation  and  the  AP02  diamond  body  with  the 
fins  at  O  =  0  roll  are  compared  to  the  ARF  results.  The  ARF  results  are  when  the  body  is 
allowed  to  roll  freely  so  an  average  of  the  square  and  diamond  configurations  will  be  obtained. 
However,  the  AP02  computations  for  these  two  configurations  will  be  slightly  different.  Results 
of  the  AP02  computations  compared  to  experiment  are  shown  in  Figure  81.  The  AP02  results 
for  compare  quite  nicely  to  the  range  data.  Theoretical  predictions  of  pitching  and  pitch 
damping  moments  are  slightly  high,  particularly  at  supersonic  speeds. 
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FIGURE  78.  GEOMETRY  OF  THE  WING-BODY  AND  WING-BODY-TAIL 
CONFIGURATIONS  WITH  2:1  ELLIPTICAL  BODIES 
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FIGURE  79.  AERODYNAMIC  DATA  FOR  THE  WING-BODY  CONFIGURATION  OF  FIGURE  78  WITH  A 
2:1  ELLIPTICAL  CROSS  SECTION  BODY:  (A)  NORMAL  FORCE  COEFFICIENT, 

(B)  CENTER  OF  PRESSURE 
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FIGURE  80.  AERODYNAMIC  DATA  FOR  THE  WING-BODY-TAIL  CONFIGURATION  OF  FIGURE  78 
WITH  A  2: 1  ELLIPTICAL  CROSS  SECTION  BODY:  (A)  NORMAL  FORCE  COEFFICIENT, 

(B)  CENTER  OF  PRESSURE 
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FIGURE  81.  COMPARISON  OF  AP02  PREDICTIONS  TO  ARF  SQUARE  BODY 
TEST  RESULTS  (SEE  FIGURE  26) 
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In  general,  the  AP02  predictions  for  aerodynamics  of  nonaxisymmetric  bodies  are  as 
good  as  or  slightly  better  than  those  of  the  AP98.  In  general,  the  aerodjmamic  predictions  of  the 
AP02  for  nonaxisymmetric  bodies  is  not  quite  as  good  as  axisymmetric  bodies.  This  is  as 
expected,  due  to  approximating  the  nonaxisymmetric  body  by  an  equivalent  axisymmetric  body. 


4.7  TRAJECTORY  EXAMPLES 

Two  examples  will  be  chosen  to  illustrate  the  new  capability  that  will  be  part  of  the  AP02 
to  not  only  compute  aerodynamics,  but  to  predict  range  as  well.  'ITie  first  case  will  be  a  ballistic 
round  typical  of  an  unguided  projectile.  The  second  case  will  be  a  fin  stabilized  round  that  will 
utilize  the  trim  performance  model  to  predict  range. 


4.7.1  Ballistic  Example 


Figure  82A  shows  the  configuration  that  will  be  considered  for  range  computations.  It  is 
a  5  inch  diameter  round,  26  inches  in  length  with  a  3  caliber  tangent  ogive  nose.  The  nose  has  a 
meplat  diameter  of  0.5  inches,  typical  of  most  fuze  designs.  The  roxmd  also  has  a  I  caliber 
boattail  with  a  7  deg  boattail  angle.  The  Figure  82A  configuration  is  assumed  to  weigh  65  lb  and 
to  have  an  initial  velocity  of  3000  ft/sec.  We  will  first  consider  the  range  of  this  configuration 
when  launched  at  an  elevation  angle  of  50  deg.  The  fi-ee  flight  boundary  layer  option  will  be 
used  for  the  aerodynamic  computations  since  we  are  computing  range. 


Figure  82B  shows  the  axial  force  coefficient  versus  Mach  number  for  an  AOA  1  deg. 
Figures  82C  -  82E  show  some  of  the  many  plots  available  in  the  AP02  interface.  Figure  82C 
gives  the  altitude  versus  range.  Figure  82D  provides  the  Mach  number  versus  time  of  flight,  and 
Figure  82E  gives  the  drag  coefficient  versus  time  of  flight.  Notice  the  round  travels  just  under 
90,000  ft  (29,967  yards  to  be  exact),  with  about  75  percent  of  the  flight  time  between  M»  of  1.2 
and  0.9. 


166 


t,  (sec) 


FIGURE  82D.  MACH  NUMBER  VERSUS 
TIME  OF  FLIGHT  FOR  FIGURE  82A 
CONFIGURATION  (QE  =  50  DEG) 
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FIGURE  82C.  ALTITUDE  VERSUS  RANGE  FOR 
HGURE  82A  CONFIGURATION  (QE  =  50  DEG) 


t,  (sec) 

FIGURE  82E.  DRAG  COEFFICIENT  VERSUS 
TIME  OF  FLIGHT  FOR  FIGURE  82A 
CONFIGURATION  (QE  =  50  DEG) 
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FIGURE  83A.  RADIUS  OF  CURVATURE 
VERSUS  RANGE  FOR  FIGURE  82A  CASE  WITH 
SECANT  OGIVE  (W  =  65  LB,  IV  =  3000  f/sec, 
QE  =  50  DEG) 


FIGURE  83B.  ELEVATION  ANGLE  VERSUS 
RANGE  FOR  FIGURE  82A  CASE  WITH  SECANT 
OGIVE  (W  =  65  LB,  IV  =  3000  fi'sec, 

Rr=  120IN.) 


To  illustrate  a  typical  design  application  of  the  new  trajectory  package  that  has  been 
integrated  with  the  aerodynamics  module  of  the  AP02,  consider  the  following.  We  would  like  to 
compare  a  secant  ogive  to  the  tangent  ogive  of  the  Figure  82A  nose  for  possible  range 
improvement.  We  would  then  like  to  determine  the  elevation  angle  for  maximum  range  with  the 
best  secant  ogive  nose  shape.  Figure  83A  compares  the  range  of  the  secant  ogive  versus  the 
radius  of  curvative  of  the  ogive.  Figure  83A  assumes  the  same  initial  conditions  as  those  used 
for  Figure  82A  (W  =  65  lb,  IV  =  3000  ft/sec,  QE  =  50  deg).  Figure  83A  shows  the  maximum 
range  is  obtained  for  a  radius  of  curvature  of  120  inches.  On  the  other  hand,  if  one  wants  slightly 
more  volume  with  little  range  penalty,  a  radius  of  curvature  of  80  to  120  inches  could  be 
selected.  Also  noteworthy  is  the  fact  that  the  120  inches  radius  of  curvature  secant  ogive  gives  a 
1971  yard  range  increase  over  the  tangent  ogive  shape  of  Figure  82 A  (31938  versus  29967). 
This  amounts  to  a  6.6  percent  range  increase,  which  is  quite  substantial  just  by  changing  the 
ogive  type.  Figure  83B  gives  the  range  for  various  elevation  angles  using  the  optimum  radius  of 
curvature  of  120  inches  for  the  Figure  82  A  case  where  the  tangent  ogive  is  replaced  by  a  secant 
ogive.  Note  from  Figure  83B,  the  maximum  range  is  obtained  at  a  QE  of  52  deg.  The  maximum 
range  obtained  is  3 1,999  yards. 

Figures  82  and  83  are  just  one  example  of  a  design  tradeoff  and  elevation  angle  study. 
Other  design  studies  could  also  be  conducted.  A  few  of  these  would  examine  other  ogive  shapes 
for  minimum  drag  and  maximum  range,  boattail  length  versus  range,  nose  tip  shape  (sharp, 
blimt,  or  truncated)  versus  range,  or  nose  tip  bluntness  ratio  versus  range  just  to  name  a  few. 
Any  of  these  design  studies  can  now  be  performed  by  a  single  person  in  a  matter  of  a  few  hours 
using  the  AP02. 
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4.7.2  Trim  Performance  Model  Example 

The  second  example  to  be  illustrated  using  the  new  trajectory  models  uses  the  trim 
performance  model.  The  configuration  chosen  is  a  simple  body  tail  with  a  3  caliber  secant  ogive 
(see  Figure  84).  The  tail  has  an  aspect  ratio  of  0.67.  The  parameters  used  in  the  trajectory 
analysis  are  provided  in  Table  39.  Table  39A  is  for  a  configuration  that  has  a  40  percent 
propellant  to  total  weight  ratio,  whereas  Table  39B  is  for  a  50  percent  propellant  to  total  weight 
ratio.  The  initial  thrust  to  weight  ratio  for  both  options  in  Table  39  is  7.4.  Table  39A  allows  for 
a  bum  time  of  10  sec  whereas  Table  39B  has  a  bum  time  of  12.5  sec  due  to  the  25  percent  larger 
mass  of  propellant.  Both  Tables  39  A  and  39B  assume  a  maximum  tail  fin  deflection  of  ±30  deg, 
have  a  structural  limit  of  60  g’s,  and  are  larmched  from  a  surface  laxmcher  with  an  exit  velocity 
of  100  ft/sec  at  an  elevation  angle  of  45  deg.  Figure  85  illustrates  the  results  of  flying  the  Figure 
84  configuration  using  Table  39A  parameters  in  a  purely  ballistic  mode.  As  seen  in  tiie  figure,  a 
maximum  Mach  number  of  about  2.5  is  obtained  as  the  engine  bums  out  after  10  sec.  The 
vehicle  attains  an  altitude  of  about  20,000  ft  and  a  range  of  about  100,000  ft  using  the  set  of 
conditions  in  Table  39A  and  the  drag  curve  provided  internally  within  the  AP02. 


HGURE  84.  BODY-TAIL  MISSILE  CONCEPT  USED  IN  TRAJECTORY  ANALYSIS 

(ALL  DIMENSIONS  IN  FT) 


Figure  86  then  takes  the  very  same  conditions  for  Figure  85  except  a  guidance  mode  is 
selected  in  the  trim  model  that  allows  the  vehicle  to  fly  a  maximum  lift  to  drag  ratio  trajectory. 
For  this  case,  the  minimum  Mach  number  is  lower  than  Figure  85A  due  to  the  fin  deflection  and 
AOA.  However,  the  altitude  is  slightly  higher  and  a  range  increase  to  125,000  ft  is  realized  due 
to  the  maximum  L/D  trajectory. 

The  final  option  is  shown  in  Figure  87.  This  case  is  also  for  a  maximum  L/D  trajectory, 
except  the  parameters  of  Table  39B  are  used  to  fly  the  Figure  84  configuration.  Notice  that  a 
25  percent  increase  in  propellant  produces  a  40  percent  increase  in  maximum  Mach  number 
(Figure  87A  compared  to  Figure  86A)  and  a  45  percent  increase  in  maximum  range  (Figure  87B 
compared  to  Figure  86B). 
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FIGURE  85A.  MACH  NUMBER  PROFILE  FOR  FIGURE  85B.  ALTITUDE  VERSUS  RANGE  FOR 

BALLISTIC  TRAJECTORY  FOR  FIGURE  84  BALLISTIC  ITIAJECTORY  FOR  FIGURE  84 

CONFIGURATION  WITH  TABLE  39A  CONFIGURATION  WITH  TABLE  39A 

PARAMETERS  PARAMETERS 


FIGURE  86A.  MACH  NUMBER  PROFILE  FOR  FIGURE  86B.  ALTITUDE  VERSUS  RANGE  FOR 

MAXIMUM  L/D  TRAJECTORY  FOR  FIGURE  84  MAXIMUM  L/D  TRAJECTORY  FOR  FIGURE  84 

CONFIGURATION  WITH  TABLE  39A  CONFIGURATION  WITH  TABLE  39A 
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HGURE  87A.  MACH  NUMBER  PROFILE  FOR 
MAXIMUM  L/D  TRAJECTORY  FOR  FIGURE  84 
CONFIGURATION  WITH  TABLE  39B  PARAMETERS 


FIGURE  87B.  ALTITUDE  VERSUS  RANGE  FOR 
MAXIMUM  UD  TRAJECTORY  FOR  FIGURE  84 
CONFIGURATION  WITH  TABLE  39B  PARAMETERS 


TABLE  39.  PARAMETERS  USED  IN  TRAJECTORY  ANALYSIS  FOR  FIGURE  84  CONFIGURATION 


A.  600  lb  Propellant 

B.  750  lb  Propellant 

Wo  =1500  LB 

Wo  =1500  LB 

Wbo  =  900LB 

Wbo  =  750LB 

tBo  ==  10  sec 

teo  =  12.5  sec 

CG  =  5.5  ftatt  =  0 

CG  =  5.5ftatt  =  0 

CG  =  5.0  ft  at  t  ^  10  sec 

CG  =  4.83  ft  at  t  ^  12.5  sec 

Ti  =  1 1 100  lb  for  10  sec 

Ti  =  11100  lb  for  12.5  sec 

T2  =  0  for  t  >  10  sec 

T2  =  0  for  t  >  12.5  sec 

8max  =  ±  30  deg 

6max  =  ±  30  deg 

g  limit  =  60  g’s 

g  limit  =  60  g’s 

rV=  100  ft/sec 

IV  =100  ft/sec 

QE  =  45  deg 

QE  =  45deg 

Figures  85  -  87  illustrate  just  one  application  of  the  trim  performance  model.  One  could 
examine  variations  in  thrust,  weight,  cento:  of  gravity,  or  various  other  configuration  design 
options  very  easily  using  the  AP02  with  a  single  person  as  opposed  to  the  AP98  and  all  prior 
versions  requiring  an  illustration  process  witii  two  people.  Other  design  options  include  various 
guidance  modes  including  proportional  navigation,  explicit  and  a  user  defined  option  as  well. 
Initial  launch  conditions  are  allowed  from  a  surface  or  air  vehicle  and  target  parameters  can  be 
fairly  general  as  well. 

In  summary,  the  new  ballistic  and  trim  performance  models  that  will  be  part  of  the  AP02 
will  allow  the  user  to  rapidly  determine  the  effect  of  a  given  airfirame  or  weapon  system 
parameter  on  the  overall  performance  of  the  vehicle.  This  new  model  will  save  many  hours  and 
many  dollars  through  the  provided  productivity  improvements. 
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5.0  SUMMARY 


In  summary,  new  technology  has  been  developed  that  will  allow  the  APC  to  treat 
weapons  in  a  more  robust  and  accurate  manner  in  the  aerodynamic  calculation  process.  The 
latest  version  of  the  APC  will  be  referred  to  as  the  AP02.  Some  of  these  new  technologies 
include  the  capability  to  consider  configurations  with  6  and  8  fins  in  addition  to  the  present  (2 
and  4  fin  options),  improved  nonlinear  aerodynamics  for  higher  AO  A,  improved  dynamic 
derivatives  with  particular  emphasis  on  pitch  damping,  improved  power-on  base  drag  prediction 
for  rockets,  a  new  base  bleed  capability  for  projectiles,  improved  axial  force  prediction  of 
nonaxisymmetric  bodies,  and  new  technology  that  allows  trailing  edge  flap  aerodjmamics  to  be 
calculated.  In  addition  to  the  new  aerodynamics  technology  developed,  several  other 
improvements  and  productivity  enhancements  have  been  integrated  into  the  APC.  These  include 
an  aerodynamic  smoother  for  the  aerodynamics,  ballistic  and  3  DOF  trajectory  models,  many 
additional  plots  in  the  post  processor  for  APC  output,  alternative  reference  length  and  area 
options  in  the  pre-processor  for  the  APC  inputs.  Many  of  the  new  technologies  integrated  into 
the  AP98  which  form  the  AP02  were  driven  by  advanced  projectile  concepts. 

In  comparing  the  new  technology  to  predict  the  nonlinear  aerodynamics  to  both  the  AP98 
and  experimental  data,  it  was  seen  that  the  AP02  reduces  the  average  AP98  normal  force 
coefficient  prediction  errors  by  about  25  percent.  Both  the  AP98  and  AP02  give  average  normal 
force  and  axial  force  errors  within  the  ±  10  percent  goal  of  the  APC.  Some  slight  improvement  in 
axial  force,  pitching  moment,  and  center  of  pressure  predictions  were  also  seen  using  the  AP02, 
but  were  not  quantified. 

In  comparing  the  new  multi-fin  aerodynamic  prediction  capability  of  the  AP02  and 
experimental  data  on  a  limited  number  of  cases,  it  was  seen  that  acceptable  accuracy  was 
obtained  for  static  and  dynamic  aerodynamic  coefficients.  Additional  multi-fin  data  would  be 
desirable,  particularly  for  8  fin  cases,  in  order  to  allow  additional  validation  of  the  multi-fin 
capability. 

The  pitch  damping  improvements  added  to  the  APC  code  were  seen  to  improve  the  pitch 
damping  moment  coefficient  derivative  accuracy  compared  to  experiment  for  body-alone  and 
bodies  with  flares.  While  not  shown,  the  body-alone  improvements  will  also  improve  the 
predictions  of  pitch  damping  for  wing-body  or  body-tail  cases  as  well. 

The  modified  engine  on  base  pressure  prediction  was  seen  to  be  as  accurate  or  slightly 
more  accurate  than  the  AP98  predictions,  while  being  much  more  robust  in  terms  of  input 
options.  The  new  base  bleed  capability  was  seen  to  compare  well  to  a  range  of  experimental  data 
for  both  cold  and  hot  exhaust  data. 
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Comparison  of  normal  force,  pitching  moment,  and  axial  force  coefficients  of  the  AP02 
trailing-edge  flap  predictions  to  limited  experimental  data  showed  predictions  to  give  acceptable 
accuracy.  However,  additional  data  for  validation  purposes  would  be  desirable. 

The  aerodynamics  of  nonaxisymmetric  bodies  are  seen  to  be  slightly  improved  using  the 
AP02  compared  to  the  AP98.  These  improvements  in  aerodynamic  prediction  accuracy  are  due 
to  the  improvements  added  for  axial  force  coefficient  and  the  improved  nonlinear  aerodynamics 
discussed  earlier. 

Finally,  the  ballistic  and  3  DOF  trajectory  options  available  as  part  of  the  APC  were  seen 
to  improve  cost  effectiveness  of  aerodynamic  design  as  well  as  performance  assessment  of 
conceptual  design  tradeoffs.  The  cost  reductions  were  due  to  the  single  person,  versus  two 
people  with  the  AP98,  being  able  to  make  design  changes  and  examine  the  effect  of  the  design 
changes  on  performance  in  a  very  rapid  manner. 

In  general,  it  is  believed  the  AP02  is  by  far  the  most  robust,  as  well  as  the  most  accurate, 
of  all  prior  versions  of  the  APC.  As  such,  the  AP02  will  be  a  significant  capability  for  engineers 
in  the  conceptual  and  preliminary  design  phase  of  weapon  development.  The  AP02  will  also 
find  use  among  personnel  involved  in  numerical  code  calculations,  since  the  AP02  will 
approximate  total  aerodynamics  one  should  expect  from  the  numerical  code. 
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7.0  SYMBOLS  AND  DEFINITIONS 


AOA 

Angle  of  Attack 

APC 

Aeroprediction  Code 

AP72,  AP74,  AP77, 
AP81,  AP93,  AP95, 
AP98,  AP02 

Various  versions  of  the  APC  and  the  year  produced 

AR 

Aspect  Ratio  =  b^/Aw 

CFD 

Computational  Fluid  Dynamics 

DOF 

Degrees  of  freedom 

LT 

Linear  Theory 

NASA/LRC 

National  Aeronautics  and  Space  Administration/Langley  Research  Center 

NSWCDD 

Naval  Surface  Warfare  Center,  Dahlgren  Division 

SB,  SBT 

Slender  Body,  Slender-body  Theory 

SOSE,  SOVD 

Second-Order-Shock-Expansion  and  Second-Order- Van  Dyke 

Aeq 

Cross-sectional  area  of  circular  cylinder  equal  to  that  of  body  with 
noncircular  cross  section 

Ap 

Planform  area  of  the  body  in  the  crossflow  plane  (ft^) 

Aref 

Reference  area  (maximum  cross-sectional  area  of  body,  if  a  body  is 
present,  or  planform  area  of  wing,  if  wing  along)(ft^) 

A, 

Area  of  rocket  motor  nozzle  throat  cross-section 

Aw 

Planform  area  of  wing  in  crossflow  plane  (ft^) 

a,b 

Semimajor  and  semiminor  axis,  respectively,  of  ellipse 
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B  Conditions  at  body  base 

b  Wing  span  (not  including  body)(ft) 

C  Conditions  in  rocket  motor  chamber 

Ca  Axial  force  coefficient 

^Afi’^Ap’^Aw  Base,  skin-friction,  and  wave  components,  respectively,  of  axial  force 
coefficient 

C^^  Axial  force  coefficient  at  0  deg  AOA 

C^gp  Axial  force  coefficient  of  a  single  fin 


(AC^  ,  (ACn  )f ,  Change  in  axial,  normal  and  pitching  moment  coefficients,  respectively, 
)f  due  to  a  flap  deflection  6f 

Cj^  Crossflow  drag  coefficient 


Cd 

Cir 


Cl 

Q 


Cm 


'Mf 


'Ml 


'Mnl 


CMq  +  C^i^ 


Drag  coefficient 
Circumference  of  body  (ft) 

Lift  coefficient 

Roll  moment  coefficient 

Roll  damping  moment  coefficient 

Pitching  moment  coefficient  (based  on  reference  area  and  body  diameter, 
if  body  present,  or  mean  aerodynamic  chord,  if  wing  alone) 

Pitching  moment  coefficient  of  flare 

Linear  component  of  pitching  moment  coefficient 

Nonlinear  component  of  pitching  moment  coefficient 

Pitch  damping  moment  coefficient 
[Cm  (q)/(qd  /  2V. )+  Cm  (d  )/(ocd  /  2V. )] 
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Cn 


'Nb 

'Nb(V) 


^Nb(w)’^Nb(t) 


Normal  force  coefficient 

Normal  force  coefficient  of  body  alone 

Negative  afterbody  normal-force  coefficient  due  to  canard  or  wing-shed 
vortices 

Normal-force  coefficient  on  body  in  presence  of  wing  or  tail 


C 


Nf 


Normal  force  coefficient  of  flare 


Linear  component  of  normal-force  coefficient 
Nonlinear  component  of  normal-force  coefficient 


(pN„)w’l^Na)T’ 


Normal  force  coefficient  slope  of  wing,  tail,  flare,  or  cone,  respectively 


^Nt(v) 

Cnw 

^Nw(B)’^Nf(b) 


c,  sq,  tr 

Cf 


Ct 

Ct 


Negative  normal-force  coefficient  component  on  tail  due  to  wing  or 
canard-shed  vortex 

Normal  force  coefficient  of  wing  alone 

Normal-force  coefficient  of  wing  or  fin  in  presence  of  body 


Normal-force  coefficient  derivative 


Pressure  coefficient 


P-Pc 


l/2p.V^  J 

Base  pressure  coefficient 

Circle,  square,  triangle 
Rood  chord  (ft) 


Root  chord  of  wing  and  flap,  respectively  (ft) 


Thrust  coefficient 
Tip  chord  (ft) 
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D 

dref 

^^W(b)  d^B(W) 
da  ’  da 

deg 

Fe,  Fs 

g 

I 

i 

j 

k,  ki 

Kb(w),  Kb(t) 

kB(W),  kB(T) 

[Kb(W)]mIN 
Kw(B),  Kt(B) 

kw(B).  kT(B) 

AK 

[AKw(B)]a=0 

and 

[AKB(W)]a=0 

Cf 

^ref 


Drag  (lb) 

Reference  body  diameter  (ft) 

Rate  at  which  Kw(b)  or  Kb(W)  decreases 

Degree(s) 

Empirical  factors  used  to  represent  aerodynamics  of  6  and  8  fins  based  on 
4  fin  aerodynamics 

Acceleration  due  to  gravity  (32.2  f/sec^) 

Nondimensional  base  bleed  injection  parameter 
Tail  interference  factor 
Conditions  at  nozzle  exit 

Parameters  used  to  define  comer  radius  for  squares  and  triangles 
(k  =  r„AVM;ki=r„/W) 

Ratio  of  additional  body  normal-force  coefficient  in  presence  of  wing,  or 
tail  to  wing,  or  tail  alone  normal-force  coefficient  at  6  =  0  deg 

Ratio  of  additional  body  normal-force  coefficient  due  to  presence  of  wing 
or  tail  at  a  control  deflection  to  that  of  wing  or  tail  alone  at  a  =  0  deg 

Minimum  value  of  Kb(w)  as  percent  of  slender-body  theory  value 

Ratio  of  normal-force  coefficient  of  wing  or  tail  in  presence  of  body  to 
that  of  wing  or  tail  alone  at  6  =  0  deg 

Ratio  of  wing  or  tail  normal-force  coefficient  in  presence  of  body  due  to  a 
control  deflection  to  that  of  wing  or  tail  alone  at  a  =  0  deg 

Nonlinear  component  of  wing-body  or  body-wing  interference 

Amount  that  the  experimental  values  of  Kw(b)  and  Kb(w)  exceed  slender 
body  theory  at  a  =  0  deg 

Total,  nose,  afterbody,  and  boattail  or  flare  length,  respectively  (ft) 
Reference  length  (ft) 
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m 


m 

Mn 


M„ 


NC 


Nf 


P 

Q 

r 


^eq? 


deq 


RMF 

rn 

^Nt 


fw,  tt,  re 


T 

V 

V» 

Vn 

V, 

w 

Wx,Wy,Wz 


Cotangent  of  leading  edge  sweep  angle;  also  mass  when  used  in  equations 
of  motion 

Mass  rate  of  flow  (pAV) 

Mach  number  normal  to  body  =  M*  sin  a 
Freestream  Mach  number 
Noncircular 

Normal  force  of  trailing  edge  flap  (lb) 

Pressure  (Ib/ft^) 

Dynamic  pressure  (Ib/ft^) 

Local  body  radius  (ft) 

Radius  and  diameter,  respectively,  of  a  circular  cross-section  body  which 
has  same  cross-sectional  area  as  that  of  noncircular  cross-section  body 

Jet  momentum  flux  ratio 

Comer  radius  of  a  rounded  comer  on  square  or  triangle 

Reynolds  number  where  flow  transitions  from  laminar  to  turbulent 
conditions 

Radius  of  body  at  wing,  tail,  or  canard  locations 

Wing  or  tail  semispan  plus  the  body  radius  in  wing-body  lift  methodology 
Temperature  (°R)  or  thmst  (lbs) 

Velocity  (ft/sec) 

Freestream  velocity  (ft/sec) 

Velocity  normal  to  body 
Velocity  at  time  t  (ft/sec) 

Length  of  one  side  of  a  triangle  or  square 
Wind  velocity  in  x,  y,  and  z  directions  (ft/sec) 
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W™ 

Xcg,Xc,Xt 

Xcp 


(Xcp)l.  (Xcp)nl 
Xle 

X,  y,z 
X,  y,z 
XT 
Xt 
Xo 

oc 

CCc 

ttD 

ttM 

ttTR 

CCw,  0.1 


Ol,02 


Y 


8f 


6w,  8t 


Maximum  diameter  of  a  triangle  or  square  as  measured  normal  to  the 
velocity  vector 

Distance  to  center  of  gravity,  canard,  or  tail  leading  edge,  respectively  (ft) 

Center  of  pressure  (in  feet  or  calibers  from  some  reference  point  that  can 
be  specified)  in  x  direction 

Center  of  pressure  of  linear  and  nonlinear  terms  of  normal  force 
Distance  from  nose  tip  to  leading  edge  of  canard  or  wing 
Velocity  in  x,  y,  and  z  directions  (ft/sec) 

Acceleration  in  x,  y,  and  z  directions  (ft/sec) 

Range  at  termination  of  flight 
Range  at  time  t 
Reference  location 
Angle  of  attack  (deg) 

Angle  of  attack  where  wing-body  interference  factor  starts  decreasing 
(deg) 

Angle  of  attack  where  the  wing-body  interference  factor  reaches  a 
minimum  (deg) 

Angle  of  attack  where  Kw(B)  reaches  a  constant  value 
Trim  angle  of  attack  (deg) 

Local  angle  of  attack  of  wing  or  tail  (aw  +  6  or  ttj  +  6,  respectively,  in 
degrees) 

Angles  of  attack  used  in  nonlinear  model  for  Kb(w) 

Ratio  of  specific  heats 

Control  deflection  (deg),  positive  leading  edge  up 

Control  deflection  (deg)  of  trailing  edge  flap,  positive  trailing  edge  down 

Deflection  of  wing  or  tail  surfaces  (deg),  positive  leading  edge  up 
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r\  Parameter  used  in  viscous  crossflow  theory  for  nonlinear  body  normal 

force  (in  this  context,  it  is  the  normal  force  of  a  circular  cylinder  of  given 
length-to-diameter  ratio  to  that  of  a  cylinder  of  infinite  length) 

T)o  Value  of  t|  at  Mn  =  0 

p  Density  (slugs/ft^) 

Roll  position  of  missile  fins  (3>  =  0  deg  corresponds  to  fins  in  the  plus  (+) 
orientation.  ^>  =  45  deg  corresponds  to  fins  rolled  to  the  cross  (x) 
orientation). 

A  Earths  rotational  speed  (rad/sec) 

Ale  Leading  edge  sweepback  angle  of  fin  (deg) 

X  Taper  ratio  of  a  lifting  surface  =  c,/cr 

(j)  Roll  position  of  point  on  body  with  ({)  =  0  deg  being  the  leeward  plane 

0  Local  surface  slope  of  body  with  respect  to  body  axis 

0f  Flare  angle  (deg) 

0L  Latitude  at  firing  point  (deg) 

0e  Line  of  fire  (deg) 

o°  Freestream  conditions 


Superscript 

* 


Indicates  conditions  where  M  =  1.0 
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